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ABSTRACT 


The objective of this investigation is to predict the performance parameters for the Space 
Shuttle Reaction Control Thruster (SSRCT) when the fuel is changed from monomethyl- 
hydrazine to hydrazine. Potential problems ax'c higher chamber wall temperature during 
steady state operation and explosive events during pulse mode operation. Solutions to the 
problems are suggested. 

To conduct the analj'sis, a more realistic film cooling model was devised which considers 
that hydrazine based fuels arc reactive when used as a film coolant on the walls of the 
combustion chamber. Hydrazine based fuels can decompose exothermally as a monopro- 
pellant and also enter into bipropellant reactions with any excess oxidizer in the combustion 
chamber. Prior studies treated the coolant as an inert fluid. 

The study conc’udes that the conversion of the thixister from MMH to hydrazine fuel is 
feasible but that a number of changes would be required to achieve the same safety margins 
as the monomethylhydrazine-fueled thruster. 
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I. INTRODUCTION 


The Space Shuttle Reaction Control Thruster presently uses monomethylhydrazine (MMH) 
as a fuel (N 2 O 4 oxidizer) to prov. de 870 pounds of vacuum thrust and a specific impulse of 
281 seconds (Figure 1). Given the performance data for this thruster, with MMH as a fuel, 
can we analytically predict what happens when hydrazine is us<*d instead of MMH? 

Technical Problem 


Already known, from experiments and analysis, is that hydrazine is of the same family 
of hypergolic fuels as MMH; thereiore, no major differences in combustion performance 
can be foreseen when one fuel is Interchanged with the other. To illustrate this point, ideal 
performance capabilities of the two fuels with N 2 O 4 as the oxidizer are shown in Figure 2. 

The specific impulse, Isp, with N 2 H 4 , is seen to be lower than for the MMH fueled thruster 
at a mixture ratio, 0/F, of 1 . 6 , which is the present equal volumetric flow ratio for MMH, 
However, at an 0/F = 1.4, the equal volumetric flow ratio for hydrazine, the specific 
impulse with hydrazine is the same as that with ^DIH at 0/F - 1.6. Figure 2 also presents 
the theoretical gas temperatures for the two fuels and shows that the gas temperature of 
hydrazine at 0/F = 1.4 is about 200*F higher compared with MMH at 0/F = 1.6. 

The major problem foreseen, when hydrazine is used as the fuel, is the effectiveness of 
hydrazine as a film coolant. The problem lies in the large release of thermal energy from 
hydrazine when it thermally decomposes. The exothermic decomposition of hydrazine 
occurs at about 550“F and gas temperatures of 2500°F can theoretically be produced if no 
ammonia decomposition occurs. However, at hi^ temperature, the ammonia generated 
in the reaction rapidly begins to thermally decompose and absorb energy. As a result, 
the maximum gas temperature drops to the neighborhood of 2200*F at 25% ammonia decom- 
position for stay times characteristic of rocket chambers (Appendix C). Since the design 
goal for throat temperature of the SSRCT thruster is 2100*F, one can foresee some diffi- 
culties in obtaining this temperature if the coolant stream temperature may locally reach 
2200*F just from its own thermal decomposition processes. 

A second potential problem arising from the fuel change is the increased possibility of 
chamber and manifold explosions (spikes and ZOTs) during pulsing operations. Hydrazine, 
with its different vapor pressure and condensation temperatures, has a greater tendency 
to deposit residual propellant or detonable materials everywhere in the thruster after 
each pulse. These residues may detonate upon reignition and damage the valves, combustion 
chamber, and pressure transducer. The Space Shuttle Reaction Control Rocket is already 
designed to minimize the causes and the effects of the detonations by minimizing dribble 
(manifold) volumes, by thermal management which maintains adequate oxidizer cavity 
and chamber temperatures, and by designing all cavities and the chamber to withstand 
the worst pressure spike previously experienced. Due to these inlierent design features, 
the occurrence of spikes or ZOTs are not expected to be a major problem, provided the 
same thermal management criteria are applied to the hydrazine fueled rocket. 
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One reason for considering the substitution of hydrazine is the potential future cost savings 
for second genei*ation Space Shuttle vehicles. The lower cost of hydrazine^ compared 
with MMH, is the economic incentive. 

Soine Experimental Data Related to the Feasibility Study 

The theoretical performance computations presented in Figure 2 show no difference 
in specJic impulse at the respective equal volumetric flow ratios. These numbers apply 
to a 100*^ efficient combustor with no film cooling. What happens when a real thruster, 
designed to maximize performance at one mixture ratio (with monomethylhydrazine), is 
made to operate at a different mixtui'e ratio (with hydrazine), has been experimentally 
explored previously at Mai'quardt. 

Experimental data have been obtained at Marquai'dt on two prior rocket engines when 
hydrazine was substituted for MMH without changing the injector or the combustion chamber. 
The Marquardt R-4D 100-pound force rocket engine was tested unmodified with N2H4. 

Figure 3a shows the Isp comparisons for N2H4 and MMH. As suggested by the analytical 
predictions, peak performance was higher for the hydrazine-fueled rocket, but the mixture 
ratio (0/F) a. peak perfonnance shifted from 1.55 for MMH to 1. 1 for hydrazine. Signi- 
ficantly hiuher performance was measui'ed for hydrazine at an 0/F of 1.4 compared with 
M^IH at an 0/F of 1.6. 

The chamber throat temperatures were also r.ieasured, and the steady state throat tem- 
perature of the hydrazine-fueled rocket was 2520*F at 0/F = 1.1, compared with 1947*F at 
an 0/F = 1.6 for the MMH-fueled rocket. 

Similar test results were obtained for the Marquardt Model R-24B rocket, an experimental 
rocket designed for 300 pounds vacuum thrust. This engine was tested with three propel- 
lant combinations: MMH/N2O4, N2H4/N2O4, and 50% UDMH-50% N2H4/N2O4. Figure 3b 
shows the perfonnance of the rocket with the three ^nels. For this rocket, the performance 
at the respective equal volumetric flow ratios is about the same. Peak performance of the 
hydrazine-fueled engine is higher than the MMH-fueled rocket. 

Temperatui'e measurements once again indicated that the hydrazine-fueled rocket produced 
higher maximum throat temperatures (2240*F) than MMH (1900*F). The film coolant flow 
was in the neighborhood of 23-27% of the total fuel flow for both thrusters. 

These experimental data on smaller thrusters provide evidence that the specific impulse 
requirements can be met at the equal volumetric mixture ratios but that chamber throat 
tcmpei'atures can be significantly highoi'. The objective of this pi'ogram is to evaluate 
whether both quantities, specific impulse and throat temperatures, can be kept at design 
values when hydrazine is substituted fOi* MMH. Since prior experimental data indicate 
that soime change in engine design may be necessary to reduce throat temperatures, the 
study investigates two thruster configurations. Configui'ation A is the present shuttle 
thruster and the analysis attempts to define its behavior with hydrazine as a fuel. Configu- 
ration 13 is a "modified" shuttle thruster, where the modifications are chosen to better 
meet tlio throat temperaturo and s|>ecific impulse spccificatioiis for the thruster. 
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TMC R-4D, 100 POUND THRUST ENGINE 
Performance Test With N^H^ & MMH Propellants 
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II. DEFINITION OF SHUTTLE DESIGN CONSTRAINTS 


The Shuttle uses equal volume tankage for the MAIH and the nitrogen tetroxide. To effec- 
tively utilize the propel' ants, the thrusters must operate at equal volumetric flow rates 
for the fuel and oxidizer. With a specific gravity of 0.876 for MMH and 1.446 for nitrogen 
tetroxide, the theoretical equal volumetric flow mixture ratio (0/F) is 1.65. However, 
the flight system requires a larger ullage volume in the oxidizer tank than in the fuel tank, 
and, therefore, the sjecification calls for an O/P = 1.6. 

The theoretical equal volumetric flow mixture ratio fc. the hydrazine N 2 /O 4 thruster is 
1.43, but when corrected for the tank ullage volume differences, the effective equal volu- 
metric flow mixture ratio becomes 1.4 (1.39). Both 1.4 and 1.6 will hencefoith be called 
the equal volumetric flow mbdure ratios. Hydrazine is denser (S.G. = 1.008) than MMH. 
Therefore, when the present tankage is loaded with the same total weight cf propellants, it 
can be shown that both tanks ax'e loaded to only 95Cc of their previous capacity (volume) 
when hydrazine is used as the fuel. 

As indicated by the previous experimental data and as predicted later in this report, the 
specific impulse of the hydrazine thruster improves at mixture ratios le...» than 1.4. 
Therefore, either increased range for the same takeoff weight or reduced takeoff weight 
for the same total impulse could be achieved if the thruster could b.- operated at a lower 
mixture ratio. Appendix A indicates that for the shuttle tankage the minimum operating 
mixture ratio could be 0/F = 1.29 if the fuel tank is loaded to its full capacity while the 
oxidizer is off-loaded to 91% capacity. 

WhHe this reduction of mixture ratio at constant propellant weight offers a potential means 
for further improvement of the hydr.xzine thruster performance, it is only mentioned as 
a point of interest. The study uses the equal volumetric flow ratio of 1.4 as the reference 
or operating condition. 

Pressure Schedules 


The function of the injector is to distribute, mix and control the combustion of pro- 
pellants in a manner which optimizes the performance of the thn:ster. As will be dis- 
cussed later, the sliuttle injector uniquely produces tuo combustion zones, e.'*ch with a 
s|)ecific mixture ratio. It delivers the propellants at velocities and momentum angles 
which maximize the mixing and combustion of the prepellants. To achieve this function, 
certain minimum pressure dro|)s are retiulred from the fuel and oxidizer distribution 
manifolds. For the shuttle application, the arailuble pressure dix>p across the valves and 
injector is i3 psl. The nominal supply pressure for both propellants is 250 psl and the 
chamber pressure 152 p$i. 

A separate* presjurc regulator is used for each propellant deliv'jry system to regulate tlu 
propellant supply pressure. Pressure regulator malfunction is possii)le. 'P e specification 
requirtfs that the thruster must operate with one regulator at a maximum pressure of 350 
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psia and the other at minimum piessurc of 175 psia or with both regulators locked at high 
or low pressure. These combinations and permutations cause changes in operating mixture 
ratio and thrust level. 

Figure 4 shows die resultant operating envelope for the MMH fueled Shuttle Thruster. The 
solid lines define Che normal operational envelope. The lower thrust limit at 700 pounds 
thrust corresponds to the operation at the low regulator limits. The low thrust limit is also 
approached during muitiengine firing where the pressure losses in the p’-^iJellant supply 
lines increase due to the increased propellant flow. The dashed lines indicate the operating 
regions when either the fuel tank pressure regulator, the oxiuizer tank pressure regulator, 
or both, malfunction at die nigh limit. In the solid region, the thruster must perform to 
specification, ha the dashed regions, it must only operate safely. The operating zones for 
the hydrazine fuel thruster can be approximated by moving the ordinate scale to the right by 
0.2 mixture ratio units (i.e. , the nominal O/F ratio is 1.4 rather than 1.6). 

Feed System/Combustor Instability 

Two kinds of instability are common in rocket systems. One is a feed system - com- 
bustion instability in which pulsations occur due to an undamped interaction between the 
propellant supply systems and the combustion process. The second kind is an undamped 
acoustic resonance set by a coupling between the combustioti process and certain acoustic 
resonances within the combustion chamber. 

The Shuttle Thruster has demonstrated feed system stability over the entire range of thruster 
operating conditions shown in Figure 4. 

Combustor stability relative to damping any acoustical resonances within the combustion 
chamber is achieved through the use of tuned acoustical cavities located around the outsit, 
rim Oi the injector. Figure 4 indicates the test conditions at which the combustion stability 
and feec'system stability have been demonstrated. 

Chamber Tanperatures 

The shuttle thruster chamber is C-103 Columbium coated with R512A GXldiaticm- 
lesistant disilicide coating. The original throat temperature target at design operating 
contiitions was 2100* F, Very large margins of safety exist with the Shuttle disilicide 
coated columbium chamber at this temperature. Figure 5 summarizes and compares the 
experimental data for coated columbium to the Shuttle mission requirements as a function 
of wall temperature. (Ref. 1). At the maximum design operating temperature of 2100*F, 
the measured coating life in almost 100 times the entire mission operating time. Even if the 
engine malfunctioned in such a way to continually produce wall temperatures of 2900*F, 
the engine could operate at this temperature for the required 100 missions. At 3000*F, 

1.5 hours of life are available. These data were obtained from torch impingements 
experiments in oxidizing atmospheres (Ref. 1). Both the fuel film cooling and the fuel- 
rich O/F profiles near the walls provide a fuel-rich environment over the walls for die 
Shuttle thruster. This would contribute to even greater life than predicted by the data. 
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Figui'c 6 presents experimentnl temperatures measured on a prototype Shuttle thruster 
with MMK fuel. The maximum and minimum temperatures for an uninsulated thruster 
are shown. The variation of temperature at the nozzle throat station (1250-1550*F) 
suggests that the cooling film is not uniform due to the discrete number of film cooling 
injection points and to random variations of flow from each orifice. Test data with the 
insulated chamber indicate that throat wall temperatures are about 150*F warmer than 
the radiation cooled version (i.e. ; the uninsulated thruster). The MMH fueled Shuttle 
diruster» therefore, is seen to be operating substantially below the target temperatures. 

At tlie design operating point, the maximum temperature measured for the insulated 
thruster is about 1850‘F and is downstream of the nozzle throat in the supersonic flow 
region. 

Figure 4 is a reminder that there are a wide range of off-design operating conditions at 
which the thruster must safely operate. The results of Thermal Tests conducted over the 
entire operating region are shovvn in Figure 7. The throat temperatures begin rising 
rapidly when the mixture ratio exceeds 2.0 and reach the maxin um design temperature 
of 2100®F at a mixture ratio of 2.56. As will be discussed later, this rise in temperature 
appears to be related to an injector design parameter. 

Re-entry Heat Loads 

Analysis of re-entry heating indicated that the maximum chamber and flange tem- 
peratures are not caused by the hot combustion gases during firing of the thruster but by 
the re-entrj’ heating when the thruster is not being fired. 


During re-entry of the vehicle into the atmosphere, the high stagnation temperature of the 
air produces significantly higher chamber and wall temperatures than are produced by 
the rocket combustion. Figure ? presents the calculated thruster wall temperatures during 
re-entry. The maximum re-entry wall temperature of 2250* F is greater than those pre- 
sented in Figures 6 and 7 for a firing thruster. Furthermore, the re-entry temperatures 
occur in the presence of more corrosive oxidizing atmosphere rather than the fuel-rich en- 
vironment when the rocket is firing. 


The more severe nonfiring condition should therefore be used to specify the maximum 
allowable chamber temperatures. In terms of the objectives of this analysis program, if 
the hydrazine thruster produces temperatures the same as or less than the 2250* F (with 
a fuel-rich environment), little or no significant effect upon Uie life and thermal margins 
of the thruster material system is expected. The re-emiy heating, thereljy, allows the 
maximum thruster fii ing temperature target for hvdrazine to be realistically raised to 

Thermal Conditioning of the Injector and Chamber 0^ 


The SSRCS thruster uses an electric healer located on the injector head to prevent 
the injector head, valve, and combustion ciuunber temi)er0:urcs from falling Ijelow the 
freezing points of the fuel (-G2.5*F; and oxidizer (ll.S'F). As discussed in more detail 
in the section on Vacuum Ignition, Spike, and Stability .Analysis, tlic thermal conditioning 
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affects the incidence of damaging explosive v\%'i\:s d^e to condensation of fual on chamhei' 
surfaces. The heater, therofoi'o, insures that tr:e start transient is rapid, reproducible, 
and smooth and that c.\plosive events which couLi dat'.iage the valve or chamber are 
minbnized. 

When the thnister is not firing, the heater must compensate for conduction to the vehicle 
and I'adiation losses to space. The results of an analysis of the steady state power require- 
ments for the heater are shown in Figure 9. To keep the h.ad temperatures above the speci- 
fied 50*F, approximately 10 watts of power must be supplied by the healer. To provide a 'v 
margin of safety which covers the uncertainties in defining and analyzing the steady state 
and any transient environment, the heater is designed with a safety factor of two (i.e, , 
delivers 20 watts). Another way of looking at this safety factor is that the heater must be 
ON 509o of the time to compensate for the anticipated heat losses. 

The freezing point of hydrazine is 34. 7* F and this is appreciably higher than for MMH or 
tlie nitrogen tetroxide. Therefore, it is anuoipaied that significant increases in heater 
power will be required to maintain the same thermal conditioning margins as for MMH. 

As will be discussed later in the report, doubling the heater power will provide adequate 
but not equivalent thermal conditioning. 

Dimensional Considerations 


The thruster is recpui'ed to fit into closely comrolled dimensional boundaries on the 
space shuttle vehicle. Therefore, for this study, the thruster length and outside overall 
dimensions are not allowed to vary. However, inteimal dimensions such as injector and 
film cooling orifice diaine;crs, injection angles, and the propellant flow splits between 
inner and outer combustion zones may be allowed to vary. Small changes can be made to 
the combustion chamber length provided compensating changes are made to the nozzle length 
to assure that the overall length and maximum diameter i-emain constant and that perfor- 
mance is maintained or exceeded. For other applications this constraint does not exist, and 
overall dimensions can be changed. 

The study looks at two configurations for the hycrezine-fueled thruster. One is the unmo- 
dified shuttle thruster. Here, will’, ihe exception of a change of heater power consumption 
and a possible change of injector orifice or cavity dimensions, no modifications are mad*' 
Which reqi.ix'e a change in tooling. The second c onfiguration, Configui'aticn B, is one which 
modified to meet the present temperature and perfomiance targets. Modifications which 
n require tooling changes are allowed for C ;iiinguration B. 

Other Space Shuttle Constraints 

The thnistcr specification (Ref. 2) lists n. an\ :<ther requit'ements that the tlmister 
luUst meet. The |>otential prablems discus.sed this report are those which are c.\pected 
to affect the safety and integrity of the thruster. 

In addition to the thruster s|>ecirication, there :i.uy i* other shuttle vchiclc-relalcd con- 
Hlruints which can only be evaluated by the System .'ianager (Ruckwell/SD and the customer, 
NASA). No attempt is made to evaluate the fcas.biliiy of the ' onvei'siun to hydrazine frem 
the viewpoint of system oixerutiun, vehicle safe:;-, !>. .istics, or maintenance. 
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III. ROCKET PERFORMANCE 


The One-Dimentional Equilibrium (ODE) performance analysis program (Ref. 3) was used 
to predict the theoi-etical core gas temperatures and specific impulse for the shuttle thruster. 
"Frozen" nozzle flow was assumed downstream of the tnroat for the specific impulse calcu- 
lations. Experience with small thrusters having short exhaust nozzles indicates that chemi- 
cal equilibrium freezes very close to the throat. Figure 1 presented specific impulse and 
core temperatures for 100% combustion efficiency as a function of core mixture ratio. These 
predictions must be corrected to account for the losses in performance due to: (1) the use 
of the fuel as a coolant and the less than perfect combustion that e^ifitl^ in* the combustion 
chamber. An analysis procedui'e was developed for pi'edicting these losses for the shuttle 
thruster. This method was modified to account for the different physical and chemical 
properties of hydrazine and is discussed in Af^endix D. 

The pel formance analysis considers that the propellants occupy three specific zones 
whose configuration is dictated by the shuttle injector pattern - a film cooling zone 
covering the interior cliamber walls and two core combustion zones (Figure 10). The 
analysis procedure for the core zones accounts for variations of doublet mixing efficiency 
as the doublet Rupe number and contact time (or blowapart) parameters are changed. 

It also considers the effects of the mixture ratios in each combustion zone and the effects 
of changes in resultant momentum angle of the two propellants in each zone. The remaining 
combustion efficiency terms, due primarily to secondary' mixing within each zone and 
between zones, are derived empirically from experimental data. These data correlated 
best with chamber length. Finally, the performance increment due to the film cooling 
zone is included using the assiunption that the cooling zone gas temperature is a fixed 
value. Appendix B describes the performance assumptions in more detail. 

Rocket Performance Calculations 

The functional relationships discussed in Appendix B were combined into a com- 
puter program which calculates the changes in specific impulse as the diruster design 
parameters are varied. Figure 11 compares the predicted Igp of the MMH and hydrazine 
fueled thrusters using the three-zone model and incorporating the effects of Rupe number, 
contact time, zone mixture ratio, momentum angle, and film cooling. The hydrazine 
thi\ister performfuice is predicted to peak at an 0/F of 1.2. Performance at the equal 
volumetric flow mixture ratio of 1.4 is only slightly less thar that of the MMH thruster 
at an 0/F 1.6, 

Rclineinents in Performance Prodictions 

The film cooling study, discussed later in this report, was conducted subsequent to 
tlK; perfomianco calcuUtitms. It indicates that the liquid film for hydrazine persists for 
only inch along the chamber wall as <-om pared to 2.3 inches for MMH and that the film 
tcmi»eratures are higher than for MMH. Tliis finding suggests that the |>erformance of the 
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hydrazine thruster will be higher than ori‘ginally pretilcted due to a greater amount of 
mixing between the cooling and outer core flow and also duo to the higher specific impulse 
derived from that portion of the cooling flow which remains unmixed. The additional 
specific Impulse estimated due to these two effects brings the Igp to 281.4 at O/F 1.4. 
This correction to the original prediction is also shown in Figure 11 by the square symbol. 
The specific impulse of the hydrazine thruster is predicted to be only slightly better than 
the MMH thruster at their equal volumetric flow ratios. Corrections were not made at 
other than design mixture ratio since the thermal and mixing analysis were only conducted 
at O/F = 1.4. 
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IV. FILM COOL XG ANALYS TS 


Extensive literature is available regarding the analj'sis of film cooling in combustion or 
other systems. From this, it is clear that the analysis proceduie are complicated 
by the large number of parameters affecting the transfer of heat from the hot gas core 
to the liquid or gas coolant layers. These parameters include the physical properties 
of die liquid and/or gaieous coolants (i.e. , their density', viscosity, surface tension, 
heat capacit.', vapor pressure), the film coolai.t injection velocities, method of injection, 
Reynolds number, Weber number, and temperaWres. The conditions in the hot gaseous 
core such as its turbulence level, the relative velocity between it and the coolant flow, 
die core icmperature and core physical properties also contribute to heat and mass 
transfer. Research to better define, simplify, and correlate the relationships between 
diese properties is continuing; but disagreements still exist on which of these parameters 
are most important fc r predicting the effectiveness of film cooling. 

Despite these difficulties, reasonable estinutes of film coolant effectivcitess have been 
accomplished in the past, in those applications where some experimental data >ere 
available. The experimental data permit the calculation of an empirical factor which 
accounts for many of the unknown or poorly defined parameters. Most importantly, this 
empirical factor permits the prediction of the effect of changes of the film cooling parameters 
provided that large deviations are not made from the original experimental points. 


Cooling with Reactive Liquids 

One of the areas where the least amount of film cooling research has been conducted 
is in the use of reactive liquids as a film coolant. A reactive liquid is one which chemically 
reacts with the hot core flow and thereby produces or absorbs thermal energy or one which 
decomposes at the temperatures generated by the hot core and once again produces or 
absorbs thermal energj'. This is not to imply that combustible film coolant materials 
such as JP-4, RP-1, methanol, butanol, or others have not been used in film cooling 
investigations. When they are used, the tests are specifically designed to investigate 

the differing physical properties of these liquids and to avoid the chemical reactions. 

♦ 

Ilydrarlne and hydrazine derivatives such as monomethylhydrazlne are fluids which are 
capable of both decomposition and combustion reactions when nitrogen tetrexide is used 
as the oxidant in the core flow. A significant ixjdy of literature directly concerned with 
hydrazine droplet decomposition and burning exists which documents that the droplets of 
hydrazine (and its derivatives) .are surrounded i)v clearly visible monopropellant and bi- 
propellant flames in the chamber combustion environment. Figure 1? shows pictures 
ol;t.ained by Law^'er (Ref. 4) and also .Allison (Ref. which illustrate the dual sheath of 
flame encircling the droplet. 
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Tliree vapor soPes exist around the drop in these figures. First, tiie liquid hydrazine is 
viiporized by the thermal flux from the surroundings. IVhw the vapor reaches the decom- 
|)o8ition temperature, it exothermically decomposes, producing the inner flame front 
quite close to the drop, llie decomposed gases (the second zone) move outward where they 
mix with the inwardly diffusing oxidizer. When an ignitable fuel-oxidizer ratio is reached, 
combustion occurs. The resultant hot combustion gases (the third zone) generated by 
the second flame front move outward and mix further with the ambient oxidizer rich gases 
of the experiments. 

The same concept of decomposition and possible combustion can be ext^ded to &e two- 
dimensional hydrazine coolant film on the walls of the combustion chamber. Referring to 
Figure 10, the liquid film coolant along the wall is exposed to the 5000* F gas temperatures 
of the combustion core. This heat flux causes oviq»oration of the coolant and produces 
a vapor layer above die liquid. As the vapor moves radially inward toward the core flow 
(and is carried toward the nozzle), its temperature rises to the decomposition point and 
the hydrazine begins decomposing quite close to the liquid film p id forming a decomposition 
flame front over the coolant layer. As the decomposed products move away from the wall, 
they mix with tlie core flow. Combustion may or may not occur, depending upon the amount 
of axidizer in the hot gases. Figure 13 illustrates these many possible zones in the film 
cooled layer. Since decomposition and possible combustion of the vaporized coolant seems 
sure to occur, one can visualize that a reactive liquid film cooling layer is covered with 
one or two sheets of flame due to its decomposition and possible bipropellant combustion 
flames when exposed to toe very hot core gases. Tliis is much more complex than the 
conventional concept of a coolant layer, lliis chemical reactivity is believed to explain 
toe I'elativeiy poor cooling properties of such fluids as hydrazine ai d MMH as compared to 
more inert fluids such as water. 

Decomposition Model for Coolant 

In this study, an approach was fot:mulated to account for the effects of the decomposi- 
tion flar.ie above the coolant la^'er. This model fits the experimental data better than non- 
rcactive film coolin,:^ theoiy'. No bipi*oi)ellant reaction was considered for the thixister, 
since the outer combustion zone nomally operates fuel rich, and little or no bipropellant 
reactions are axpected. 

Some simplifying results arise fix>m the decomposition model. The evaporation rate of the 
liquid hydrazine (or hydrazine derivative) is predicted to be independent of the core tompe.a- 
tux'e or oxidizer content of the hot coi'e gases. II is rather primarily' a function of the lami- 
nar fliune Sliced for the decomposition ix^uction. In addition, as a result of the decomposi- 
tion reaction, the gaseous coolant film temperature beyond the liquid layer rises rapidly to 
the decomposition icmpcratuix) of too fuel. I'hercforc, minimum temperatui'es of the coolant 
gas is on the order of 16O0-lH00*F. 

Appendix C presents the assumptions and calculation pn>ceduix;s used for both the evaporative 
and decomposition film cooling analysis. 
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V. RESULTS OF THE ANALYTICAL PROCEDURES 


EvaporatioR Model 

To provide a perspective on the differences between the simple evaporation film cooling 
model and the thermal decomposition model, calculations of the coolant evaporation rate 
were first made assimiing no decomposition. Evapoi'ation is produced only by the heat flux 
from the core combustion where the heat transfer coefficient is based upon Baitz's tuibulent 
combustion model. Figure 14 shows the calcul<ated liquid film lengths as a function of film ' 
effectiveness for both hydrazine and MMH.. Film effectiveness is the percent of the original 
coolant flow that remains on the wall for cooling. The effectiveness factor considers liquid 
coolant losses due to splashing at the injection point and due to film instability. Appendix C 
discusses the factors affecting the amount of liquid lost. As indicated in the figure, only 
48% of the liquid injected is calculated to be effectit’e for cooling with hydrazine and 44% 
is effective with MMH. 

The important observation made from Figure 14 is that the evaporation model predicts that 
the hydrazine liquid length is gi'eater than that for MMH, and this contradicts experimental 
data. The hydrazine liquid film is predicted to extend beyond the nozzle throat station, while 
the MMH liquid film does not reach the throat. The evaporation model predicts a longer 
hydrazine liquid length because the heat of vaix>rization of hydrazine is greater than that of 
MMH and it therefore takes longer to evaporate for the same heat flux. The liquid film for 
hydrazine infers that the tliroat is at boiling liquid film tomperature for hydrazine (400“F at 
a chamber pressui'e of 150 psia). This is contrary to Marquardt's mqjerimental data on 
prior thrtisters. As discussed earlier, measured throat and wall temperatures with hydra- 
zine have always been higher than with MMH (2200-2540*F versus 1800 to 190u*P), 

The analysis was carried one step fiuther. The coolant gas temperatures were calculated 
for MMH beyond the liquid film. Figure 15 shows the predicted coolant film temperatures 
as a function of coolant effectiveness for MMH. For the 44% effective MMH film, the gas 
recovery temperature at the throat is calculated to be S50"F. This evaporation model 
prediction will be compared to the decomposition model in the next section. 

Thennal Decomposition Model 

The liquid film lengths and gas tcmpei’aturos were calculated using the Imninar burn- 
ing velocity and decomposition temperatui-e discussed in Appendix C. Figure 16 pi'osents 
the calculated Ulm temperatures for the decomposition model as a function of film effective- 
ness for MMH. The liquid film is assumed to be at the temperature corresiwnding to the 
boiling point associated with the chamber pressure. When the liquid film ends, the tempera- 
ture of the gaseous coolant is assiuned to rise to the KiOCF decomposition temperature in 
the short distance of 0.2 inch. Thereafter, heat tr.ansfor to the decomposed coolant gas 
Ironi the core gases causes an additional lemperatui’e rise. For the MiVlII thruster with the 
estimated 44’.'c c(*oling cffectivciicss, the recovery film temperature is pix;clictcd to be 
1020“F. The liquid film length is 2.3 inches. 
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The two prediction models cim be comp:ired to experimental data obtained on Uie Shuttle 
tliruster in Fi«^re 17. The predicted film recovery temperatures for the evaporation and 
decomposition models and the measured outside wall temperatures on the chamber are shown. 
The predicted temperatures have been corrected for the 150’ F difference in temperature 
between tlie insulated and uninsulated chambers. Separate computations conducted for Ihe 
Shuttle progrant indicate that film recovery temperature and throat temperature are almost 
identical at the throat station for an insulated thruster. The decomposition model appears 
to provide significantly better correlation with respect to both the magnitude of the throat 
temperature and the sharp rise of wall temperature due to the rapid decomposition reaction. 

Figure IS presents the calculated film recoveiy temperatures for film cooling with hydrazine. 
For the estimated 48'^r hydrazine film effectiveness, the predicted gas temperature is 2380" F. 
Also observe that the liquid film length is only .85” due to the 3 times higher mass burning 
rate (evaporation rate) of hydrazine compared to MMH (Appendix C). The predicted film 
temperature is now in the neighborhood of the experimental temperatures measured on the 
other Marquardt thrusters using hydrazine. 

Film Cooling Nonunifomiitv 

Due to orifice manufacturing tolerances and the discrete number of injection ports, 
the film coolant cannot always be laid down absolutely unifonnly on the wall. Figure 19 
illustrates the concept that liquid coolant length varies around the circumference of the 
thruster. 

The experimental data obtained on Uie present Shuttle thruster in conjunction with the 
decomposition model can be used to estimate the degree of film nonuniformity. The decom- 
position model for MMH (Figure 16) predicts that a large variation of film temperature can 
occur near the throat of the tliruster for small changes in film cooling. This occurs because 
the decomposition zone with its rapidly ch:uiging temperature is at the throat location. 
Assume that the minimum and ni:iximum liquid film lengths are =5" of the average length. 
Entering Figure 16 at an average effectiveness of 44' , the film temperature is predicted to 
vniy between 1150' F and 1680“ F, The predicted film temperature difference of 530“ F is 
somewhat larger than the experimental wall temperatures difference of 400“ F. However, 
the influence of chamber metal conductiviy is not included in the prediction and would act 
to provide better agreement. 


3'he hydrazine thruster throat section will be much less sensitive to variations in film 
cooling pattern. From Figure IS, the liquid film is predicted to end less than an inch 
from tlie injector face. The same ro vari.ation in film length this far from the throat is 
predicted to produce less tlum =2')- F \ariation in throat temperature. Of course, larger 
temperature gradients will still be produced, upstream in the chamber where the liquid 
film ends. 


The MMH thruster temperature t\ui vtiry widely at tlie throat tor small changes of the 
film cooling effectiveness due to the rapiil temperature gradients when the end of the liquid 
film approriche.s the throat. On the other hruid, the hydrazine tlmister requires strikingly 
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changes of film effectiveness to cause oven small changes In the gas temperature at 
Ute throat. 



In view of the prollminarj* nature of some of the assumptions in the analysis, an 
attempt was made to invesUgtite tlie variation in predicted temperature as the key elements 
of the an:ilytical assumptions are changed. Figures IG and If already permit evaluation 
of the effect of changing the liqui'’ film cooling effectiveness. 


Figure 20 illustrates the effect of decomposition temperature upon the throat gas tempera- ■ 
ture for the hydrazine thruster, A 200'' F change in the decomposition temperature pro- 
duces a lOO"' F change in throat temperature when liquid film length is near the predicted 
lengtlt. 

Figure 21 illustrates the effect of core temperature upon gas film temperatures, A 400* F 
chimge in core combustion gas temperature produces about a 70® F change in Uiroat temper- 
.uure at predicted liquid film lengths. 


Predicted Ilvdrazine Thruster 'rhroat Temperature 


The previous analysis provides sensitivit\' coefficients which indicate how much 
the film temperature changes for a change of combustion gas temperature, a change in de- 
composition temperature, and a change in film cooling effectiveness. To calculate the throat 
temperature for the hydrazine thruster, the values of these three parameters must be defined. 
The film effectiveness for hydrazine was calculated to be 0,4^, the decomposition tempera- 
ture was assumed to be ISOO® F, and the combustion temperature at real thruster combustion 
efficiencies was estimated to be 4C60® F from the performance calculations. Figure 18 can 
be used first to find the predicted film temperature for a combustion gas temperature of 
."010 y, and the above values ol effectiveness and decomposition temperatures.^ The com- 
liustion sensitivity coefficient c:m then be used to correct Uie data of Figure 18 for the com- 
bustion temperature of 4GG0"' F. Performing this calculation indicates that the predicted film 
temperature will be 2310® F, Therefore, for th.e insulated i ster the throat temperature 
will also be ver\' close to 2310® F. 
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One objective of this progi'am was to predict the i)erromianco of the Space Sliuttle Reaction 
Control System Thruster when hydra/ine was used as the fuel. It was originally anticipated, 
on theba:>is of prior testing with other tln-usters, that the siiecific impulse would be about 
the same at the equal volumetric flow mixture ratio hut that chamber temperatures would 
be above the original shuttle thruster target of 2100“F. This exjicetation led to the concept 
of a •’modified" configuration s|)ecifically tailored to hydrazine fuel. This thruster, Config- 
uration B, would incorporate changes which would I'esult in reduced chamber temperatures 
but which would not violate other significant siiace shuttle design constraints. In this section 
of the report we examitie the effects of possible thruster modifications upon the specifie 
impulse and throat temperature. 

I 

Performance Tradeoffs 

Specific impulse and nozzle throat temperature are used as the two primary tradeoff 
parametei'S. There are significant differeiK*es between the MMH and the hj’drazine-fueled 
thrurters relative to these parameters, and since an examination of these differences leads 
to a better understanding of the tradeoffs, the performance with the two fuels will be com- 
pared. Since the throat temperature of the MMH-fueled thruster is low, any changes made 
to the thruster can be oriented solely to improving the specific impulse. The hydrazine 
thruster, on the other hand, wCl be oixirating at higher than the maximum target tempera- 
ture. Therefore, modifications must fiist be made which reduce chamber temperature. 
Since this will penalize specific impulse, additional changes will be required to recover 
performance. 

Concept of De'^elopment Risk 

In the following sections statements regarding "development risk" will appear. The 
concept of development risk will be based upon the following hj'pothesis: Virtually any 
solution to a problem, even a very difficult one, provided it is physically iJermisfible, can 
be carried through to a physically realizable design if a sufficiently large amount of money 
is appropriated and an indefinite amount of development tinic is allowed. If the budget of 
time and money is limited, then whether or not the design is I'ealizable becomes uncertain. 
The greater the limitation, the greater the uncertainty. 


Experience with complex projects substantially supixirts this hypothesis. It is to be noted 
that the hypothesis does not state that it is proper, economical, or practical to allow exces- 
sive budgets Cor development. 

Development risk thereby is related to the limo and money required to achieve a physically 
realizable objective and the magnitude of the risk depends upon the amount of favorable (or 
unfavorable) evidrnce Uiat exists at the present time. ITvc amount of risk involved in 
making a clumge in the tliruster for the purpose of changing the specific i mpulse ® 
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chambex* temperatiu'u will be assiuxiccl lo be related to the amount of experimental data which 
documents or suppt>rts the anahtical predictions for the change. If experimental data exist 
which dociunent the effect of a specified change, then that approach is said to have a low risk 
for achieving the goal. If no experimental dociunentation exists for a given change or approacl 
that approach is said to have uudetennined but higher risk. Finally, if experimental data 
contradict the analytical predictions or disclose other detrimental effects for a specific 
thnister modification, that modification is said to have a high development risk. 

The applicable axperimental data which have been obtained at Maniuardt can now be examined 
to provide both a qualitative insight into the risks and a quantitative measure of the effects 
of certain design variables upon performance. 

Effect of Chamber Length 

Figure 22 presents data obtained from tests of an early shuttle configuration where 
the chamber length could be easily changed. Additional experimental data obtained later 
in the development program when the chamber length was changed from the original 3-inch 
length to the 2.5-inch length substantiate the early data. The incremental change of specific- 
impulse are shown as a function of length using the present chamber length of 2.5 inches as 
a zero reference. Specific mipulse can be improved or degraded by six seconds for small 
changes in combustion chamber length. Also shown are measured throat temperatures as a 
function of chamber length. 

Effect of Injector Double Offset 


The shuttle thruster uses a single ring of unlike do-’blet elements (i.e. , fuel jets 
impinge upon oxidizer jets). These doublet elements are closely spaced around the ring 
juid considerable splaslung and beneficial interaction occurs between adjacent doublets. For 
single doublets (without interference from other doublets), experimental investigations have 
revealed that the optimum mixing :md perform;uice is obtained when Uie centerlines of the 
two impinging liquid jets are exactly lined op with each other (i.e. , intersect with each 
Ollier). This is called zero offset of the doublet ccmerlines. When the centerline offset is 
made increasingly larger th:m zero, the perform:uico of the single doublet injector slowly 
degrades (Tlef. C). 

Experimental data obtained with the closely -spaced douldeis on the shuttle tlmister indicate 
that perfonnance is improved when the doublets arc oll'set suftieiently. Figure 23 shows 
that offset initially iT.ake*s no change in performance. Whet: the doublet offset exceeds 
0,006 inch, the thruster perfonnance begins lo improve and continues to iminove over a 
wide range of oilset. This improvenienl can be altribuled to a gradual tilting of the proiiel- 
lant fans. When the Ians lilt beyond a certain aiy.,le, they liegin to overlap each other in a 
manner which improves secondary mixing. 

Specific impulse u.oirovi-inents between lour lo li\e .scccnids weix- achieved ovcm' a fairly 
\vid»* rai.gf- ol oilsel lor three .slightly dillereiil u st eonliguratiuns during the program to 
opliini/.(- the shuttle inieclor. l.illle or no elumgi^ ol iliioal temperature was oliservcd during 
these tests. 
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Intoraciions Between Film Cooling; aiid Performance 

Experimental data on the effect of film cooling upon specific impulse has been 
obtained only over a relatively narrow nnigc of cooling percentages. The observed 
magnitude of the specific impulse chaiigo for a small film cooling change is close to 
die instrumentation accuracy and a relatively large data scatter was evident. Asa 
result, relimice is placed primarily upon the analytical predictions rather than ex- 
perimental data. 

The fihn cooling model considers that a portion of the film cooling which splashes on 
the chamber wall moves back toward the face of the injector and, thereby, cools 
that region of tlie chamber. Tliis was a specific design goal for the film cooling con- 
figuration. It also considers that additional liquid is lost from the film cooling which 
moves toward the throat. Tliis latter loss is due to instabilities in the liquid film that 
cause waves to form. These waves break up into droplets that leave the liquid film. 

What happens to the liquid cooling flow that is ’Test” from the cooling film? The SSRCS 
Thruster design, with its out\\'ard ajid inward momentum angles, induces re-circulation 
eddies within the diruster which encourage mixing of the ’Tost” coolant with tl.e outer 
zone flow, hi addition, a portion of the vaporized coolant can mix with the core flow but 
the amount of mixing depends upon tlie length of the mixing distance (i.e. , how soon the 
liquid film is vaporized). 

The MMH-fueled thruster with the liquid film extending to the throat of the nozzle (2.3- lnch 
liquid length) is exiiected to have less vapor mixing than the hydrazine thruster, which is 
predicted in Section 4 to have a liquid length of only 0.85 inch. Therefore, hydrazine vapor 
and droplets which are generated at the beginning of the chamber have a greater chance of 
mixing with both the core flow and its recirculation eddies. 

To evaluate the effect of mixing \\ ith the outer zone core flow, the thmster performance 
analysis equations were modified to include a mixing factor. As indicated by Figure 10, the 
original performance analj'sis procedure considered three completely independent zones - 
the inner combustion core, the outer combustion zone, and the film cooling zone - which did 
not mix with each other. For tlie revised analysis, the hj"pothesis is made that some mixing 
occurs between the film cooling zone and the outer combustion zone. The mixing factor is 
the fraction of the film cooling which mixes with the outer combustion zone. The fraction 
which mixes with the combustion zone increases the mass flow and reduces the mixture ratio 
(0/F) of that zone. The film cooling zone mass flow is reduced. The cliange in thruster 
specific impulse due to these changes in mass and mixture ratio distribution is calculated to 
define the effect of the coolant mixing. 

The percentage of fuel used for film cooling affects the thruster performance, since the 
momentum angles, Rupe number, contact tune (D/V), and zone mixture ratios change as 
the film cooling percentage changes. Figures 24 and 25 show the predicted effect of mixing 
upon the specific impulse of the MMH and hydrazine thrusters. The independent variables 
are the amount of coolant flow and the degree cf mixing. A number of observations can be 
made from the computed results. One unexpected result is that reduction of coolant flow 
below about 12% of the total flow does not result in increased ihixister performance for this 
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injector design. Any further reduction of coolant flow adversely affects the outer and inner 
zone perfoimance parameters of the doublets and, thereby, reduces performance more than 
the reduction of coolant flow improves it. A further observation for the MMH thnister is 
that improved mixing between the coolant zone and the outer combustion zone first acts to 
improve performance, but when mixing exceeds 50% no further improvement occurs. 

« 

Analytical predictions for the hydrazine thruster show some differences. The performance 
is more strongly affected by both the amount of film cooling and the degree of mixing with 
the outer zone flow. For this injector design, performance continues to increase as the 
mixing factor is increased. 

The question of how much mixing between the coolant and combustion zones occurs In 
each thruster must still be answered. Limited experimental data, when the amount 
cf film cooling was varied, Indicates that 25% mixing curve matches the data for the 
MMH thrusters (i. e. , the experimental change in specific impulse corresponds to 
that predicted for 25% mixing factor over tlie limited range of film coolant flow tested). 
Since Increased mixing is expected in the hydrazine thruster due to its three times 
faster evaporation rate, a 50% mixing factor was arbitrarily assumed for it for die 
performance calculation. 

Nozzle Performance 


The emphasis on the original Shuttle procurement was minimum weight and small 
envelope, along with reasonable good performance levels. Since hi^ premium was 
put on the first two items, the 22:1 exhaust nozzle bell was made very short (65% 
of an optimum Rao nozzle contour). Experimental data indicated that increasing nozzle 
length by 1 or more inches will provide a positive specific impulse increment of two or 
more seconds. Throat temperatures remain unchanged. 

Optimizing the Injector 

According to the performance analysis model, the shuttle injector configuration is 
not the optimum configuration for MMH; that is to say, the Rupe number, the contact time, 
the local mixture ratios, and the momentum angle are not at their optimum values at the 
design operating point. An improvement of approximately four seconds of specific impulse 
is predicted if the injector were to be ’'optimized” (with a corresponding increase in throat 
temperature of 50®F). 

For the hydrazine-fueled thruster, similar improvements can be obtained. Figure 2C shows 
the difference in performance between the present shuttle thruster (Configuration A) and 
a thruster with the injector optimized at each mixture ratio. At an 0/F of 1.4, approxi- 
mately four seconds' improvement is pi'edicted. Significantly larger improvements are 
j)ossible at lower mixture ratios. The achievement of these performance improvements 
l equires modification of the proj)ellant injection angles, orifice dian\eters, propellant 
velocities, and pi'opellant distribution between inner and outer combustion zones. In parti- 
cular, the changes of the momentum angles of both inner and outer zones provide the major 
portion of the performance unprovement. 
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OPTIMIZED HYDRAZINE INJECTOR^ 
Improvement Of Performance Relative To Confiquratlon A 
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During the earlj' phases of the Shuttle prograir, optimization experiments were made. 

At that point in time, the analytical performance analysis methods had not been completed 
and, therefore, the modifications were based upon existing knowledge and were limited 
by manufacturing and time constraints. Changes were made of doublet orifice diameters 
and of the inner combustion zone momentum angle. Over the range of orifice diameters 
tested, little or no significant change (relative to measurement accuracy) in specific 
impulse was found. Subsequent analysis substantiated that the speciDc impulse is not 
sensitive to changes in either fuel or oxidizer orifice diameter. 

In another portion of the optimization program, the resultant momentum angle of the 
inner combustion zone was changed nine degrees further inward. As predicted (later) from 
momentum angle considerations, a decrease of specific impulse was noted (four seconds). 
At the same time, however, a large reduction of throat temperature was measured 
at high off-design mixture ratios. No measurable temperature change was observed 
at low or moderate mixture ratios. Returning the momentum angle to its original 
outward position caused a return to the higher specific impulse and the higher chamber 
diroat temperatures at higdt mixture ratios shown in Figure 7. The experiment verified 
(he importance of momentum angle upon performance. The higher performance con- 
figuration was selected since throat temperatures were still within target levels and 
very large safety margins existed for the columbium material. 

Since the performance optimization discussed above \vould require still further outward 
rotation of the inner zone momentum angle, a further increase of wall temperature is 
implied. Experimental data, therefore, exist which indicate that inner momentum angle 
changes which are beneficial to specific impulse are, at the same time, detrimental to 
chamber temperatures. In terms of developmental risk, momentum angle modifications 
for optimization of specific impulse offers a high development risk due to the experimental 
evidence of an important negative effect upon wall temperatures. 

Our understanding of the reason for the contrary interaction is presently incomplete. The 
existing analj^ical film cooling model cannot account for momentum angle effect upon cool- 
ing and temperature at the present time. 

Since the dominant factor in optimizing the injector perfonnance is found to be the momen- 
tum angle (rather than contact time, Rape number, or zone 0/F ratio), a rating of "high 
risk" relative to development cost and time must be assigned to any changes that affect 
this injector momentum angle. 

MMH Thruster 


Figure 27 illustrates the type of performance improvements which can be made for 
the MMK-fueled SSRCS thruster and indicates the effect of these improvements upon 
thruster throat temperature. The particular sequence of improvements were selected 
according to increasing developmental risk and cost. The first improvement - an increase 
in exhaust nozzle length - is an experimentally verified improvement which also imposes 
no penalty in chamber temperatures. The second least risk improvement is the use of 
offset doublets. Here, a small inci'case in chamber w all temperature occurs due to the 
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increase in coi*e temperature. Further improvements can be made by increasing the com- ’ 
bustion chamber length and reducing film cooling. Both of th' produce significant increasei 
in wall tempei'ature. The performance improvements here ure also based upon experimental 
data and, therefore, the risk is relatively small. The highest risk approach - optimizing the 
injector - would produce a relatively large gain in performance without much further change 
in throat temperature at the design point. However, as discussed earlier, it would involve ; 
changes in the injector momentum angle which were found to cause significant increase in 
chamber temperature at high off-design mixtures (se^ Figure 7). 

It must be emphasized that these performance-temperature tradeoffs are presented 
without considering the constraints imposed by the present Shuttle requirements for 
safety margin, envelope, and costs. Furthermore, the tradeoffs illustrated are aimed 
primarily at performance improvement, with some penalty in chamber temperature 
margin. For instance^ the film cooling could be used to decrease tlie wall temperatures. 

In this event, performance would be decreased as shown by the dashed line. 

It is clear from Figure 27 that increasing the film cooling to cool a 3.5-inch chamber is 
a poor choice since this reduces the specific impulse more than changing the chamber 
length does. Instead, a rmall increase in chamber length (say 2.75-inch from 2.5) while 
keeping the 24% film cool ii: would be the better way of increasing performance if, 
for instance, the wall temperature of 2060” F was desired. 

Figure 27, therefore, illustrates a few of the many combinations of changes that 
can be made in specific impulse and throat temperature. By appropriate combinations 
of the suggested modifications, the thruster can be tailored to provide arbitrarily 
specified values of boU; specific impulse and wall temperatures (within certain limits). 

Each specification would have different weights, costs, and risks associated witn its 
achievemmit. 

Hydrazine Thruster 

Since t^e use of hydrazine as the fuel is predicted to result in throat temperatures 
higher than the re-entry temperatures, the emphasis for a hypothetical Configuration B 
should be to reduce throat temperatures without sacrificing performance. The throat 
temperature can be reduced by reducing chamber length and by increasing the film 
cooling. Figure 28 shows the relative tradeoffs between specific Impulse and threat 
temperature for the two approaches. These curves were derived from the analytical 
film cooling model .and the analytical .and experimental performance data. Like the 
MMH thruster, a small reduction of chamber length Is predicted to produce a smaller 
loss in specific impulse for a given reduction of throat temperature than will be produced 
by an increase of' the film cooling. This conclusion is somewhat disappointing because 
an increase in the diameter of the film cooling orifices wrs originally visualized as 
ti less costly and less difficult modific.ation of t'lw; MMH thruster than reducing the length 
of die combustion chamber. Using these .and prior predictions, we can now begin to 
create Configuration 13, 
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PERFORMANCE - TEMPERATURE TRADEOFF 
FOR CHAMBER LENGTH AND FILM COOLING 
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In evaluating the developmental risk, the assumption is made that, due to the propellant 
similarities, the experimental data obtained from the MMH tests can be carried over to 
the hydrazine thruster. 

Figure 29 illustrates two of the many possible modification paths that Configuration B 
could follow. Both start from Configuration A at Igp = 281 seconds and T = 2310* F 
(the baseline Shuttle thruster). For this analysis^ attention will be paid to the Shuttle 
dimensional constraints. Chamber or nozzle lengths are not changed unless other 
dimensional changes will compensate. 

One path is an attempt to meet both the Shuttle specific impulse and the original 
Shuttle throat temperature targets (2100* F). Shortenbtg the combustion chamber is 
more effective for reducing wall temperatures with less penalty in specific Impulse. 
Reducing the chamber length from 2.5 Inches to 1.8 inches brings the throat temperature 
down to 2100*F with an attendant reduction of specific impulse. The nozzle length can be 
increased &e same amount die chamber was shortened, thereby recovering some of 
the lost performance. Offsetting the injector doublets raises the performance to the 
target specific impulse with only a small penalty in temperature. Finally, a further 
improvement can be made by optimization of the injector with only a small increase of 
temperature. This version of Configuration B now provides superior specific impulse 
than either Configuration A or the MMH-fueled thruster with u throat temperature less 
than that due to re-entry heating but highe than the oiiginal shuttle target of 2100*F. 

The second path shotvn In Figure 29 is one which only considers performance improvement 
Offsetting the injector doublets and optimizing the injector provides increases in specific 
impulse with minimal increase upon throat temperature. Throat temperatures are 
above target and re-eatry values. The hydrazine thruster appears to be destined by 
die high film coolant decomposition temperatures to operate at higher temperatures 
ttian the MMH thruster. Relatively drastic thruster changes are required to effect 
small reduction of temperature. However, as Illustrated in Figure 5, rather large 
temperature safety margins exist even at these temperatures. 

In conclusion, tl» objective of providing a hydrazine thruster with the sa re specific 
impulse as the MMH fueled thru^.ler and a rn^^imum throat temperature no greater than 
2250* F can be achieved by a ' Confisuration B ' thruster. It consists of the same injector 
as the MMH thruster but with offset doublets, a 1.8-inch chamber, and a longer nozzle to 
achieve the same overall installation dimensions, 'fhese proposed changes constitute 
’low risk” modifications based upon the experimental daUi with the MMH thruster. 

Further improvement in specific impulse, with little ch;mge in throat temperature, is 
possible for im “optimized” injector but at a greatly increased development risk. 
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VII . PULSE MODE OPERATION AND COMBUSTION 
STABILITY CONSIDERATIONS 


The study has, so far, only examined steady state c^eration of the hydrazine thruster. Since 
the shuttle SSRCS rocket is used for maneuvering control of the shuttle vehicle, it is required 
to provide thrust pulses as short as 40 milliseconds in dui'ation. Pulsing rockets have spe- 
cial problems related to the pulse mode operation and additional criteria must be satisfied 
to assure safe and reliable pulsing mode operation. Pulse engine operation in near space 
causes some unusual mass and heat transport effects which can lead to damaging explosions 
within the propulsion unit unless they are considered in the desigh phase. Pour interrelated 
explosive events have been documented in past development programs. They have been iden- 
tified as; (1) ZOTS, ( 2 ) condensed phase explosions, (3) vapor phase detonations, and (4) 
transducer cavity explosions. Each is generated by different combinations of the unique 
mass and thermal transport mechanisms inherent to pulsing thrusters. During the repeated 
pressurization and evacuation of the combustion chamber and injector in a low pressure 
enviromnent, the pulsing engin- is able to trar.sport or store explosive materials in various 
portions or cavities of the thruster. All of the explosive events occur upon ignition of the 
rocket, but the explosive material is usually deposited from the previous pulse or pulses. 

A brief definition of terms is first given and then followed by a detailed discussion. 


Vapor Phase Detonations 

Vapor phase detonations can occur due to the accumulation of the unbumed 
combustible propellants during the period of time required to cause an ignition 
reaction between tlie vaporized hypergolic propellants at low ambient pressures. 
Vapor phase detonations are usually not damaging to the pulsing thruster 
because the magnitude is relatively small. 


Condensed Phase Explosions 


Under certain thruster pulsing or shutdown conditions, it is possible to accumu- 
late condensed propellant In combustion chamber of he thruster either in liquid 
or solid form due to condensation or freezing of fuel residues upon cold cham- 
ber walls. If the thnister is reignited with condensed pi'opellant in it, very 
large and potentiallj damaging explosions can occur in the combustion chamber. 
.During such an ignition, both a vapor phase detonation and .m e.xplosion of the 
condensed phase occur. 
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Oxidizer Miuiifold Explosions (ZOTS) 


A ZOT is essential!}' a condensed phase explosion which occurs within the 
oxidizer manifold. The transport mechanism that carries the fuel into the 
oxidizer manifold is more complex tliaji for the condensed phase chamber 
explosion. Bui it, too, requires a surface cold enough to cause condensa- 
tion of the fuel at the low chamber pressures that exist in near space during 
and after shutdo\\'n portion of the rocket pulse. 


Transducer Explosions 


During the ignition transient, gaseous, liquid and solid forms of combustible 
and explosive preignition materials from the thrust chamber are pumped 
into the transducer cavity which had previously been at vacuum conditions. 
While the amount of materials entering the cavity upon each ignition is small, 
they condense in the cool transducer and continue to accumulate for hundreds 
or diousands of ignition pulses. Finally the deposits are exploded by tiiermal 
energy carried into the transducer during a long series of pulses or by a 
chance detonation wave caused by ignition of the rocket. The explosion can 
cause a malfunction of transducer sensing element. 


A common feature of these explosive events is that temperature and pressure 
differences from one part of the thruster to another cause condensation of 
fuel or reaction products and provide a driving force for transporting the fuel. 
Another common feature is that the process is time dependent. Explosions 
only occur for certain pulse duty cycles and not for others. The switch ^rora 
one fuel to another has important effects upon these occurrences because the 
freezing points, vapor pressure, and explosive characteristics of each fuel 
are different. Having provided some insight into tht different kinds of ex- 
plosive events, estimates of the effects of switching to hydrazine will be made. 


Vapor Phase Detonations 


The vapor {Hiase detonation results from the ignition of a chamber full of a detonable 
mixture of fuel and oxidizer vapor (including suspended liquid or solid droplets). 


Before ignition, the thrust chamber is at a pressure less than the vapor pressure of both 
propellants. Thus, both flash into liquid, solids, and gas as they enter the chamber. The 
hypergolic igniti'^n reactions occur slowly in the cold px'opellant vapor produced b}' the 
expansion to low pressures. By the time ignition occurs, enough propellant has entered 
the chamber to produce detonation pressures ranging as high as 600 psi in some thrusters. 
A substantial amount of documentation has been obtained on the characteristics of these 
vapor phase detonations. Figure 30 shows the maxipjum ignition overpressui*es measured 
for the vapor phase detonations in a number of Marquardt 100-lbf thrusters which operate 
at 100-150 psi steady state chambe:* pressures. These thrusters use solenoid operav^d 
valves which pass full propellant flow prior to ignition. The vapor phase detonations are 


51 






J'cport 1423 



VAN KUiS ( a; ti OR fit A 


noi'^nal occurrences for pulse rockets because their fast acting valves permit large amounts 
of propellant to enter the combustion chamber during the ignition delay time period. No 
case of engine damage from this tji)C of ignition spike has ever been observed at Marquardt. 
The shuttle 87?-lbf thruster uses a pilot-ojiex’ated (two-stage) valve and exhibits significantly 
lower vapor phase detonations because ignition occurs on pilot valve flow prior to the estab- 
lishment of full flow from the main valve stage. The vapor phase ignition overpressure 
rarely exceeds design operational pressures (150 psi.a). Maximum ignition pressure of 
250 psi (Figure 30) have been measured for MMH. 

When the propellant is changed from MIMH to N 2 H 4 , hi^er ignition detonation pressures 
are expected because hydrazine, with its lower vapor pressui*e and higher freezing point, 
produces larger amounts of liquid and solid hydrazine in tlie chamber prior to ignition. 
However, the vapor phase detaonations still will not cause damage. It is the condensed 
phase explosions, ZOTS, and transducer explosions which may cause problems. 

Condensed Phase Explosions 

During the engine shutdown, the fuel is the last propellant to drain from its manifold 
from the dribble volume because its vapor pressure is lower than that of the oxidizer. A 
layer of fuel may freeze or remain on the chamber walls if the wall temperature is suffi- 
ciently low. As the pressure in the chamber decays to zero or to the ambient pressure, the 
material on the wall begins to evaporate (or sublune). Depending upon the off -time between 
pulses, this fuel may completely evaix>rate before the next pulse. This is a function of the 
temperature of the chamber wall, the ambient pressure, and the off-time between pulses. 

The condensed phase explosion tj’pe spike has entirely different characteristics. It consists 
of an ejqplosion which consumes frozen or liquid propellant on the wall of the chamber . 

When an explosion takes place in this frozen material, very high local pressures can be 
exerted on the chamber wall which is directly adjacent. Tliese pressures can damage 
engines since it is analogous to exploding a plastic explosive on a wall. For this phenomenon 
to occur, a mechanism must exist for depositing this explosive material on the wall of the 
chamber. Study of this problem has revealed that the explosive material is frozen, or 
liquid fuel left from the preceding pulse which has subsequently been sensitized (made 
explosive) by the addition of oxidizer, ff this frozen fuel is on the wall and an oxidizer 
is present in the preignition gases, the resulting eompounds are explosive. The sub- 
seqr'nt ignition of vapors in the chamber then triggers a high pressure e:q)losion in the 
material on the chamber wall. 

If the propellant valves are opened for the next pulse before all of the residual fuel evaporates, 
the fue’ on the walls can explosively ignite and induce high local stresses in the chamber 
walls. In early Apollo lOp-pound force thrusters, ignition pressures greater than 2000 psia 
were observed. Bursting of the brittle Molybdenum chambers would occasionally occur. 

This led to a program which showed that largo ignition overpressures could be avoided by 
temperature control and engine design tecluiiques (minimum dribble volume) that prevent 
accumulation of residual materials in the combustion chamber after shutdown. 
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The Columbiiuii (C-103) used for the chamber walls is a ductile material that is 
designed to absorb these explosions. The injector head dribble volume is small, 

Uiereby reducing the amount of fuel which can enter the chamber alter the valve 
closes. However, to insure long chamber life, the Shuttle thruster head and chamber 
are heated to encourage rapid evaporation and to avoid freezing or condensation of 
propellants. This prevents the condensed phase explosions from occurring. 

The freezing point of hydrazine is 34. T" F compared to -62.5" F for MMH. To avoid 
condensed phase explosions, the temperature of the combustion chamber and head must 
at least be higher than the freezing temperature of the fuel. It must also be warm 
enough to cause rapid evaporation of fee liquid fuel spilling into the chamber. Figure 31 
can be examined to obtain an approximate idea for the amount of head and chamber 
heating required to avoid freezing of the hydrazine. It shows fee temperature gradient 
along the inside of the insulated thruster when it is not firing and is exposed to (looking 
at) the cold space environment. \\Tien the heater produces an injector head temperature 
of 57" F, Figure 31 shov/s that the chamter wall temperature at the throat station can 
drop as low as 24" F (or 10" F below the freezing point of hyd-azine). To raise that 
temperature to at least the freezing point rr>quires that the head temperature be at 
least 67" F. If a 20*F margin is ?.ssumed necessary to provide some safely margin, 
the head temperature rectiireci to avoid severe condensed phase spikes due to freezing 
approaches 90" F. 

Experimental data with MMH (Ref. 7) indicate that a failure of Apollo Molybdenum cham- 
bers occurred when nozzle bell temperature (measured at a position equivalent to 
Station 3 in Figure 31) was chilled to lO'F and no failures occurred when the tempera- 
ture was 20^^F. The bell temperature had to be 70-80^F warmer than the -63®F freezing 
point of the MMH to avoid an occasional large condensed phase explosion capable of 
shattering a Molybdenum chamber. 

Tese data were also obtained with A-50 (50% hydrazine, 50% UDMH). Shattering of the 
chamber occurred at bell temperatures of 50"F (i.e. , 15"F wamier than the 35"F freeze 
point of the hydrazine component). No experimental data were obtained at higher tempera- 
tures with the liydrazine/UDMH fuel. If fee same margin is I'cquired for hydrazine as 
for MMH, a bell temperature of about 104-114"F would be indicated. However, one pos- 
sible interpretation of test data of RrTercnce 7 indicates that a bell temperatux-e of 60"F 
would have avoided large condensed phase explosion (i.e. , 25'F warmer than the f*' >ezing 
point of hj'drazine). 
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Tht‘ experimental data is not conclusive due to the use of A-50 rather than hydrazine, but 
it does clearly suggest that an additional temperature margin of 40-105'F is required to 
pi'ovide equivalent protection from condensed phase explosions. 

As mentioned earlier, both the relatively smaller propellant manifold volumes and the 
ductile Columbium chamber material of the shuttle thruster significantly increase the 
safety margin for condensed phase explosions, compared with the Apollo thruster. There- 
fore, the thermal conditioning requirements are less for the shuttle engine.- 

In summaiw, the investigation indicates that themal conditioning of the hydrazine thruster 
be at least 40*F higher than the present 50-90“F range of the MMH thruster. Head tempera- 
tures of 90-130*F are indicated to provide an equivalent safety margin. 

ZOTS (Reference 81 

A ZOT is an explosion in the oxidizer manifold. After valve shutoff, the propellant 
manifolds empty at different rates. When the chamber pressure decays, the high vapor 
pressure oxidizer manifold empties first and then the low vapor pressure fuel manifold. 
When the oxidizer manifold is emptying, its temperature drops due to the evaporation of 
the nitrogen tetroxide at the low chamber pressures. Cooling of 50*F has been measured, 
and this chilling provides the mechanism for transporting fuel vapor into the oxidizer mani- 
fold. The fuel spilling into the wanner combustion chamber after a firing is vaporized, 
and this vapor entei-s the now empty oxidizer manifold where it condenses upon the cold 
surfaces. The condensation lowers the pressure, causing more vapor to enter the mani- 
fold. Condensation continues until the chamber empties or the manifold warms up enough 
to stop condensation. When the thruster is restarted, the reaction between the incoming 
oxidizer and the previously condensed fuel produces an explosion in the small volume of 
the oxidizer manifold. This can generate pressures as high as 20,000 psi (Apollo 100-lb 
thruster) and can cause damage to the Teflon seat in the valve. 

The *'ZOT Plot" for MMH shown in Figure 32 defines the flight regime region where ZOTs 
can occur. The hea\y line is the vapor pressure line for MMH expressed as a function of 
pressure (;Utitude) and temperature. Strong ZOTs are possible above the vapor pressure 
line, and few occur below it. The shaded zone shows the region in which .he thruster must 
ojjerate. 

The SSRCS is reciuired to fire in tlie atmosphere at altitudes as low as 70,000 feet. When 
the atmospheric pressui-e in the chamber after shutdown exceeds the vapor pressure of the 
monomethylhydrazine, the vapor remains in the chamber for very long time-periods, and 
substantial amounts may condense in the chilled oxidizer manifold. Once in the oxidizer 
manifold, the condensed fuel does not re-evaporate easily when the ambient atmospheric 
jn-ossure is greater than its vapor pressure. A ZOT occurs after the oxidizer valve oj^ens. 
These explosions do not occur in space because the vaporized fuel escapes from the cham- 
ber so fast in a vacuum that little can condense in the mamfold. If any did condense, it, 
too, would rupidly ro-evaporate. The lower dashed line Pyapoi-/2 I’epresents the atmos- 
pluiric pressure at which fuel vapor within the thruster reaches sonic velocity in the uxiiaust 
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no/.zle. This line defines the altitude at which the evaporation efflux rate is the same as 
in space. The evaporation rate reaches a maximum at this condition, and the stay time of 
the fuel in the chamber is shoi'tened enough to limit the amount of fuel which can condense 
in the oxidizer manifold. 

The thruster operating temperature limits are more difficult to define. An electric heater 
on the Injector head attempts to maintain the manifold temperature between 50*F to 90*F. 
However, after the thruster firing is terminated, portions of the oxidizer manifold can be 
chilled as much as 40®F below the minimum regulated bulk temperature of the head for 
certain periods of time due to the evaporation of the residual oxidizer. This transient 
cooling to 470®F defines a potential low temperature limit of 470®R. Examination of 
Figure 32 indicates that strong ZOTs are ixjsslble if the thruster is fired between 70,000 
to 120,000 feet altitude. 

However, ZOTs are not expected to occur during the possible re-entry maneuvers due to 
aerodynamic re-entry heating. Re-entry heating is especially severe in the forward 
thrusters and substantial for the aft engines. The manifold temperature of re-entry man- 
euvers at 70,000 feet depend upon the amount of prior firing time. Typically, they are 
calculated to range from &0*F to 300®F. The cooler temperatui’es are a result of prior 
engine firings where the propellant flow serves to cool the re-entry heated thruster. At 
these temperatures. Figure 32 indicates that the MMH-fueled thruster will not be subject 
to damaging ZOTs. 

Figure 33 illustrates the change in the flight regimes when the fuel is changed from MMH 
to hydrazine. Due to the lower vapor pressure of hydrazine, the ZOT region has been 
moved approximately 42 degrees to the right side of the figure. ZOTs can occur over a 
larger portion of the present shuttle opei'ating region. 

To provide an equivalent ZOT-free envelope capability, the hydrazine-fueled thruster needs 
to be kept 42 degrees warmer than the MMH thruster. This can be achieved by increasing 
the heater power. There are other reasons that additional heating is believe necessary. 
The freezing point of hydrazine (35®F) is too close to the present minimum injector head 
conditioning temperature of 50°F and to the shuttle vehicle propellant conditioning tempera- 
ture of 40*F. The additional heater power will insure a more adequate margin against 
freezing the fuel in the lines and valve. 

ZOTs can occur for only a limited range of pulse duty cycles. Figure 34 provides some 
information regarding the effects of pulse on-time, off-time and other parameters upon the 
magnitude and frequenc 3 ' of ZOTs. Tests were conducted at close to 70,000 feet altitude 
w'ith propellant and manifold temperature in the region whei*e strong ZOTs can occur. As 
indicated in the figure, off-tunes in excess of one second are required before enough fuel 
enters the oxidizer manifold to cause a manifold explosion. The explosion amplitude and 
the frequency of explosions increase as the off-time increases to 15 seconds. For off- 
t lines longer than 15 seconds, evaporation of fuel out of the manifold and back to the cham- 
ber acts to reduce the magnitude and frcKiuency. No damage to the shuttle valves occurred 
W'ith these relatively moderate ZOTs. 
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The iniportanl conclusion that can bo ch'awn from the ZOT plot Is that ZOTs occur over a 
wider range of altitudes for hydrazine than for MMli. To provide an equivalent ZOT-free 
region :is MMH, the manifold temijerature tor the hydrazine thruster must be at least 40*P 
warmer. Since the heater steady state head temiwratures are 50-90*F for MMH, this 
implies a head temi)erature I'ange of 90-120*F for hydrazine. This temperature range is 
similar to that recommended from condesned phase explosion considerations. 

Transducer Cavity E.xplosions 

Pressure transducer cavity explosions are produced by a different combiiiation of 
pulsing rocket events. The transducer is connected to the rocket combustion chamber by 
a 2-inch long by 1/8-inch diameter tube. The transducer cavity and tube are natural traps 
for any fuel vapor, oxidizer vapor, and reaction products produced during the ignition 
transient or for liquid residues left from previous pulses. 

Each time the rocket pulse is initialed in a vacuum, these materials are rammed into 
the cavity where they tend to condense or collect on the cool cavity walls. The residues, 
which are found to be explosive, continue to accumulate each time the thruster is fired. 

The accumulation can be detonated by an occasional large amplitude condensed phase 
explosion or by the thermal energy carried into the tube or transducer as the high 
pressure hot combustion gases rush into the previously evacuated cavity during ignition. 
These explosions may cause the transducer to cease functioning as a pressure sensing 
element, but it still maintains its integrity as a plug to prevent the escape of combustion 
gases. 

Sufficient concern for the shuttle transducer exists that a special ptsigram to prevent trans- 
ducer failure was initiated. The transducer used for the shuttle thruster has a bpecial 
protective device behind the sensing diaplu'agm which supports the diaphragm and prevents 
excessive deflection and damage to the strain gauge when an explosion occurs. This Is 
expected to greatly increase the reliability of the transducer for MMH usage. 

Studies of preignition and post-combustion chemical reactions (Ref. 9) occurring at low 
pressures and temperatures indicate that explosive residues are formed which are capable 
of being detonated by pressure waves or ignited by thermal waves. The explosive residues 
that are suspected and identified in the nonflame reactions Include the mononitrates and 
dlnltrates, the mononitrites and dlnitrites, and the azides of hydrazine or monomethyl- 
hydrazine. Also identified are hydrogen azide, nitrosyle azide, ammonium azide, and 
ammonium nitrate. Add to this the fact that hydrazine and monomethylhydrazlne are them- 
selves monopropellants which exotherm ally decompose at about R00*F and thus there are an 
enormous number of possible explosive mixtures formed during the preignition or post- 
combustion periods. 

When hydrazine is used as a fuel, the cxpksivc materials formed appear to be more shock 
and the thermally sensitive than for MMH. As a result, it is expected that transducer 
explosions would occur more frequently with the hydrazine thruster. 
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Experimental data are not yet available to predict the frofiuency of occurrence or the mag- 
nitude of the explosions for MMH, nor has a model been develo|)ed fur predicting the fre- 
quency or amplitude of the explosion. Based upcai the damage oijsen'ed in failed transducei's, 
the maximum pressure has been estimated to exceed 5000 psi (as compared with the chamber ' 

pressure of 150 psla). 


Combustion Instability 

High frequency combustion instabilities are large amplitude acoustical resonances 
within the chamber which are driven and sustained by energy from the combustion process. 
The resulting intense oscillation of the combustion pressure and velocity is considered 
undesirable because heat transfer is increased by factors as high as 10 and causes rapid 
and catastrophic failure of the chamber walls. Damping must be provided by baffles or 
acoustic cavities in many high perfonr.ance thrusters to dissipate this oscillation energj'. 

To provide sufficient energj' to cause instability, some coupling between the combustion 
process and acoustic frequency must exist. There seems to be agreement between theory 
and experbnent on the existence of a frequency-dependent combustion reaction time and on 
the effects of injection chararteristics on the heat releases rate which drives the oscillation. 
A relatively simple "sensitive time lag" theory appears to adequately predict the behavior 
of combustion systems provided that the sensitive time lags have beer determined experi- 
mentally. Fortunately, such data exist for N2O4/N2H4 combinations (Ref. 10). 


The sensitive time lag theory predicts zones of stable and unstable operation as a function 
of a dimensionless time lag t* (see Figure 35) and an interaction (or excitation) index N. 
T* is defined as 



r B experimental sensitive time lag of the combustion process 
c - speed of sound in combustion gases 
D = chamber diameter 


Smith and Reardon correlated their data to define the sensitive time lag for hypergolic pro- 
pellants using like-on-like doublets as follows: 


T = 0.25 dj^^^ Mc(Pc/Pcr)"^'^^ 

where: 

d^ = fuel orifice diameter, inch 

M - chamber Mach number 

c 

Pc = chamber pivssurc 

Per = critical pressure of fuel 


( 2 ) 
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Other correlation equations of the same fom exist which relate to the properties of the 
oxidizer and/or both px'opellants. However, since the vaporization and mb:ing of the fuel 
Is thi' limitliiii factor for these propellants, the correlation equation for the fuel was used. 

From Equation {2), the sensitive time lag is 0.20 ms using the fuel as the controlling pro- 
pellant. The nominal value of the dimensionless time constant r* of Figure 35 becomes 
T* = 4.0. However, there is a very large scatter in the experimental data from which the 
correlation equation is derived. Therefore, the stability picture is better described by 
the operating box shown in Figure 33. This operating box indicates the experimental band 
for the sensitive time constants and for the interaction index N. If the operating box over- 
laps one or more of the unstable zone, instability can be expected as a result of normal 
combustion. 

The interaction index N is an indicator of the amount of excitation I'equired to cause an 
instability. The operating box shown in Figure 35 shows the limits of N and T measured 
during normal combustion and indicates that stable operation can be expected. Bombs or 
other unusual disturbances provide hi^er excitation than shown by the box. For the 
shuttle thruster, instability can be caused by the ignition transient, bombs, or other explo- 
sive events in the combustion chamber. The operating box is close enough to the stability 
boundary* that moderate interaction inoex for the explosive event could cause operation in 
the nonlinear mode. 

Marquardt's experience with pulsing thrusters is that the ignition transient and/or other 
explosive events in the operation of the thruster determine the amount of stabilization 
devices required to avoid destructive combustion instability (fii'st tangential mode in the 
shuttle thruster). The conventional ’bomb" excitation x*ecv»mmended by CPIA for stability 
rating a thruster has been found by Mai’quardt to be inadequate compared to other special 
techniques which produce multiple explosions in the chamber. 

Compared to the explosive events, the excitation provided by the normal combustion process 
is small. While experimental data on the shuttle thxusters without acoustic cavities clearlj' 
indicate that the offset doublet configuration is less stable than the zero offset doublets, no 
combustion instability was found for either configuration with cavities, since the acoustic 
cavities are designed to cope with the explosive rating test. 

The excitation index of hydrazine thruster is not expected to be significantly different than 
for the MMH-fueled thruster. The two primai’y variables affecting tne interaction index; 
namely, the heat release rate and the radial location of the heat release zones, appear 
experimentally to be the same magnitude as for MMH. However, explosive phenomena 
upon ignition or during oiieration could be more severe unless the additional thermal con- 
ditioning of the thruster and fuel I’ecommended above is pi'ovided. If such conditioning is 
pxovided, the explosive excitation should bu equivalent and the present cavity design should 
be adequate. 

It is recommended that tuning of the acoustic cr.viMes to the instability frequency be imple- 
mented for the hydrazine thruster to assure ma.\imiun cUunping. The I'osonant. frequencies 
of the cavities and the chamber are both a luiiction of the same combustion gas properties 


ORIGINAL PAGE IS 
OP POOR QUAury 


(-.4 


s 


f 


ReiJort M23 





(i,e,, the speed of sound) and in tlieory no revision should be necessary. However, 
Marquardt has observed that the localized film cooling of tlie head affects the cavity tem- 
po ratu 1 x 3 s and, therefoi’e, a shift in cavity frequency will occur due to the lower cooling 
effectiveness of the hydrazine. 

Feed System Stability 

Flow oscillations of the propellant supply systen can occur due to interactions between 
the flow and the combustion chamber pressure. The primary pai*ameter controlling the 
feed sj’stem stability is the injector pressure drop. To provide the same feed system 
stability margin as the MMH-fueled engine, the hydi-azine-fueled thruster must have the 
same injector pressure drop. If the pressure drop is smaller, stability is degraded. 

When operating at a mixture ratio of 1,4 and the same thrust and specific impulse, the 
hydrazine-fueled thruster incurs an additional injector pressure drop of 2 psi on the fuel 
side. Since the allowable pressure drop across both the valve and the injector is 83 psi, 
a small adjustment of the "trim** orifice in the valve can be easily made. This change acts 
to increase the stability since the pressure drop across the injector alone has increased and 
has been compensated by decreasing the pressure drop across the valve. 

For the oxidizer side of the feed system, the pressure drop is reduced by 8-9 psi due to 
the lower mixture ratio. The trim orifice in the oxidizer valve can be used to increase 
the overall pressure drop across the valve and to meet the overall valve/injector pressure 
drop of 83 psi. However, since the feed system stability is more sensitive to reduction of 
injector pressure drop than to the valve pressure drop, the staoility of the oxidizer side is 
reduced despite the balancing of overall pressure drop. If the same or better feed system 
stability is desired, an increase of the length-diameter ratio of the final orifice or a de- 
crease of the diameter of the feed tube leading to the final orifice can be made. 
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Configuration A 

Configuration A i& the basic MMH-fueled shuttle thruster with no or little modifica- 
tion. As a result of this study, a number of minor changes are recommended. "Minor" 
is used l)ere to mean tiiat the modifications do not produce a significant change of tooling 
and the manufacturing cost. They are to increase the heater power by a factor of two to 
three, to increase the oxidizer manifold pressure drop by a dimensional change in the 
oxidu',er manifold feed tube and possibly a retuning of the acoustic cavities by changing their 
depth. These changes involve no change in manufacturing approach and thus will not pro- 
duce a significant change in production cost. 

Table I lists the thruster weight, the predicted specific impulse, and throat temperature 
along witli similar numbers for the MMH-fueled SSRCS primary thruster. The weight 
presented in Table I is for the unscarfed 22:1 area ratio thruster similar to that shown 
in Figure 1. Many of the shuttle thrusters have nozzle extensions (scarfs) which are shaped 
to be flush with the external surfaces of the shuttle vehicle. Figure 8 shows the scarfed 
nozzle used for the forward facing "Z" thrusters. No significant increase of the heater 
weight from its present 0.3£> pound or its product cost is anticipated. Therefore, the 
thruster weight and production cost for Configuration A is expected to be the same as for 
the MlViH-fueled shuttle thruster. 

Configuration B 

Configuration B incorporates additional changes that act to lower the throat tempera- 
ture of the hydrazine thruster. The objective of this study was to define a hydrazine- 
fueled configuration which provides specific impulse and throat temperiitures within present 
shuttle constraints. Figure 29 suggests that this can be done a n imoer of ways and, there- 
fore, some jud^m^ent is neces.sary to select a path. If minimum 'opment risk is selects 
as a criteria, then only those modifications which are suppoited u.. xperimental data can be 
considered low risk. The path which consists of ixiducing chamber length, increasing nozzlb 
length, and offsetting the doublets represents tlte lower risk path, since experimental data 
(with MMH) provide confidence these changes will produce the desired results. 

Opiimization of the injector will raise the impulse further, but it is a high risk option, 
since actions and limited attempts to optimize the shuttle injector provided experimental 
evidence that interactions between the injector momentum angle and the film cooling effec- 
tiveness do exist. Since the analj'sis indicates that Configuration B goals can be met with- 
out optimizing tlie injector parameters, the low risk configuration was chosen for Coidigu- 
ration li (i.e., no optimization). 

'ruble I also lists the weight and performance of Configuration B. The weight of a 4-inch 
diameter, 0. 7-inch long x 0.074-Inch thick piece of chamber which is to be removed almost 

CO 


" ar “1 


TABLE I 


irqudn/l 

hK^UAW - 


f’U'i i-l J 


Report 1423 

A?7- 10- t 172-V 



UJ 

X 

H~ 

Di 

O 

Ll 

LO 

£T 

UJ 


tr> 


a: 

X 


LU 

X 

H- 

U. 

o 

> 

< 



UJ z 


CD O 

CO H“ 
KO 


cn X 

OQ 

oo 



02 
X — 
QCO 
OH 



XU. 

UJO 

oo: 

2UJ 

LUCQ 

0^5 

UJ^ 


^5 


o< 

2C0 




ORIGINAi: PAGE Ib 
OP POOR QUALITY 


67 



7li 


ulKjUilfdf 

h i \ \) 


Report 142 :j 


yXZh^- diameter X 0.7-inch long x 0.045-inc.h thick piece of nozzle 

\\Iuch IS added. The change in chamber and nozzle contours does not change the manufac 
urmg cost except through some initial tooling costs for the shear-fonned nozzle. A com- 
parison of the Uiree thrusters at their design points (from Table I) reveals no significant 
change in weight, or specific impulse. However, both the hydrazine thrusters are runnin<^ 
hotter .han the present l\aiH thruster. ConfigTiration A exceeds the expected re-entn' ” 
temperature slightly, while Configuration B provides an acceptably lower temperature. 



Hepoil 142‘.i 


/^/f limiuardl . 

A i>v 


JV M • S , J, 


MrXW 


IX. CONCLUSIONS 


Conversion of tlic Space Shuttle Reaction Control Thruster from the MMH fuel for which it 
was developed to N 2 H 4 appears to be feasible fitim the thruster viewpoint. Achievement 
of the same specific impulse is predicted for both Configurations A and B. However, 
unmodified thruster (Configui'ation A) is predicted to have nozzle throat temperatures of 
2310*F at design mixture ratio. While this exceeds the target tejnpei'ature of 2100*F, it 
is only slightly in excess of the 2250"F temperature produced by re-entry heating on the 
forward thrusters (see Table I). 

To approach the 2100*F target throat temperature, the combustion chamber must be 
shortened, the exhaust nozzle lengthened a corresponding amount, and the injector 
doublets must be offset. The effects of these changes to the thruster geometry have been 
documented with MMH fuel, and they therefore constitute a low risk modification from a 
development viewpoint. Manufacturing risk is not significant, since no change in manu- 
factur ig technique or approach is involved. 

The following additional changes are also believed necessary to assure tx'ouble-free 
operation of both the Configux'ations A and B thrusters in the pulse mode: 

1. Heater power should be almost tripled to condition the head to a 90-i20*F 
temperature range. 

2. The pressure drop through the oxidizer manifold should be increased 10% 
to avoid feed system/combustor instability. 

3. The acoustic cavities should be retuned (change in depth) to maintain the 
same combustion stability margins as the present MMH thruster. 

The film cooling analysis is new in that an attempt was made to consider the decomposition 
of the fuel film cooling layer. Significant questions regarding some of the assumptions for 
the decomi osition process remain unanswered. These relate to the laminar burning 
velocity of the decomposition flame and the decomposition temperature of the coolant. The 
accuracy of predictions is certainly no better than ±100*F since the primary variables, the 
decomposition temperatures, and subsequent ammonia dissociation, are not clearly 
defined. 

Howeve. , the good agreement between predictions and the exi)erimental data for the MMH 
thruster suggest that the approximations used in the analysis produce i*easonablc results. 
The temperature pi’edictions for the ' 'di-azinc thruster also fall within the band of exiJeri- 
mental measurements for previously evaluated thrusters whose film cooling configurations 
were similar to the shuttle thruster. 
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APPENDIX A 


TANKAGE CONSIDERATIONS FOR CONSTANT TAKEOFF WEIGHT 


1. Tankage off-load to provide same takeoff weight with hydrazine. 


Takeoff propellant weight, Wj, is: 


where 


= W +W„ 
T o F 


= weight of oxidizer 

W = w eight of fuel 
r 

W = P V and = o„ V 


F F 


where 


= volume occupied by the oxidizer 

= volume occupied by the fuel 
F 

Let V = maximum tank voluine (equal volume tank’) 

Then the takeoff weight for the hydrazine-fueled thrusters is using (1) and p) and assuming 
tanks for the MMH system filled completely. 

\V = p V + P V (3) 

TM o ^ ^ 

W'here the subscipt M denotes MMH. 

The takeoff w'eight of hydrazine-fueled thrusters is 

W = P V + 0 V (4) 

TH o '^o H H ' ^ 

where the subscipt H denotes hydrazine. 

We seek to find what values of Vq and for the hydrazine system will provide the same 
takeoff propellant w'eight as the ^DIH system (using (3) and (4)). 




W p V + s V 

T(N2H^) 0 0 F V 
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The mixture ratio at which the K2H4 Ihruster must oierate to achieve simultaneous empty- 
ing of both oxidizer and fuel tank is : 

/0\ - ^0^0 

( F ) ~ P V 

'''h H 

Cmbine Equations (6) and (1) the following two equations can be obtained to describe the 
required volumes of fuel and oxidizer. 

^o 




o M 


■f ■ /1±0^) p 
^ \ O/F 


Let us now find what percentage of the tank volume is required for the hydrazine system 
at its equal volumetric flow ratio. Using Equations (2) and (6), 


O/F = 


P V 
o o 


0 V 
o o 


P V P V 
F F H 


For MMH, the equal volumetric flow ratio is 


1.446 


' 0 1.008 

VIMH ^MMH 


= 1.43 


Using Equation (7) with the hydrazine equal volumetx'ic flow ratio (i.e., O/F = 1.43) 


= 0.95 


T 


Therefoi'e, to have the saxne takeoff weight only 9.57c oft he original tank voluirie, V, is 
retjuired for the N-2H4 thruster. This results from the greater density of hydrazine com- 
pared with IVIMH. 
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Find mixture ratio at which hydrazine tank is full (i.e, let Vj^ = V). Solving 
Equation (7a) for the miiiLnitun mixture ratio, 


1.32 


'H min. 


At this mixture ratio the oxidizer tank is off-loaded by the following amount (for the same 
takeoff weight): 


in. Correction of above mixture ratios for required vehicle ullage volumes. 

The oxidizer tank requires a 7.5% ullage volume to allow for thermal expansion variations, 
while the fuel tank only requires 5%. 

For tanks with equal volumes, the MMH mixture ratio which satisfies the ullage require- 
ments and the requirement that both tanks empty at the same time is: 


MMH 


MMH 

Equal volume 


q - 0.075) 
(1 - 0.05) 


= 1.65 X 0.973 s 1.6 


MMH 


Similarly, the equivalent operating mixture ratio for corresponding to the equal 
volumetric flow ratio is: 


= 1.43 X 0.973 s 1.4 (1.39) 


N2«4 


Finally, the corrected 0/F ratio at which the hydrazine tank is at maximum permitted 
fuel load becomes: 


= 1.32 x 0.973 = 1.28 


min. 

2 4 
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APPENDIX B 

ROCKET PERFORMANCE CALCULATIONS 


The One-Dimensional Equilibrium (ODE) computer program was used to predict 
die theoretical core gas temperatures and die reference specific impulse for the 
Shuttle thruster. These theoretical predictions must be corrected to account for the 
losses in performance due to the use of the fuel as a coolant and the less than 
perfect combustion that exists in the combustion chamber* An analysis program 
was developed for predicting those losses for the MMH fueled shuttle thruster. 

This program was modified to account for the different physical and chemical 
properties of hydrazine* 


. Combustion Zones 

The Shuttle rocket performance is analyzed as a three-zone process. The 
sketch in Figure A1 illustrates the three zones. The outermost zone is the film 
coolant zone. Liquid fuel is depositied on the chamber walls by film coolant 
orifices at injection angles of 20” and 43* around the periphery of the chamber. 

The steeper injection angle (for half the injection orifices) was found necessary 
to provide additional injector face cooling because recirculation of the hot combus- 
tion gases back toward the face causes face heating. 

There are two main combustion zones created from a single ring of injection 
orifices. The flow on the outer zone is Inclined 20 degrees outward and the 
inner combustion zone is inclined 21 degrees inward. The nonaxial momentum 
angles produced by the single doublet injector orifices (i.e. • oxidizer and fiiel 
Jets impinge upon each other) creates recirculation patterns in the combustor 
which actively feeds thermal energy back to the injection zone and improves 
combustion efficiency* 

# 

The net momentum angle of the propellants varies as the propellant mixture ratio 
is changed* and this has a strong effect upon thruster performance. 

The mixture ratio in each of the two core combustion zones is different and is 
used as a parameter to optimize thruster performance. The outer core zone is 
operated fuel rich compared to ihe innev core. This protects the chamber wall 
from oxidizer. The ^alysis assumes that no mixing occurs between the two core 
combustion zones. 
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However, mixing is assumed to occur between the film coolant zone and the outer 
core zone. This assumption recognizes that a portion of the film coolant moves 
back toward Uie face to provide face cooling and that additional loss of liquid 
coolant to the core flow occurs due to the liquid film instability of the coolant 
sheet. 


Zone Mixture Ratios 


The effect of zone O/F ratio upon Isp is shown in Figure B-2, which presents 
the decrease in specific impulse (AIsp) referenced to the theoretical optimum at 
an O/F ~ 1.0. Examination of the chart indicates that operation at the equal volu- 
metric flow mixture ratio of 1.4 results in a loss of seven Isp seconds of perfor- 
mance compared with an O/F = 10. 


If film cooling is used (sap 25% of tlie fuel), the core O/F ratio becomes 1.87, and 
the loss in Igp in the core fiow a)^ roaches 22 seconds compared with an O/F = 1.0. 
However, the specific impulse obtained fixim the film coolant zone acts to partially 
compensate for this loss. The important observation is that the film cooling flow 
influences the combustion zone mixture ratio and gas temperature and specific 
impulse. 



Doublet Combustion Pe ormance 

The shuttle t’.rusttr er .ploys 84 ’’unlike'* doublets in the single ring-dual 
momentum injector tc achieve good mixing with a short combustion chamber 
(L* = 10”). The objective of the mixing process is to achieve a uniform mixture 
ratio across taoh combustion zone. 




Rupe at JPL defined the parameters for maximizing mixture uniformity with nonreact- 
ing fluids (Ref.ll). Rupe found a limit to the degree of uniformity even at optimum 
mixing (Rupt^ number = ,5). One interesting and significant facet of Rupe's investiga- 
tion, aside from the di"iculty of getting uniform O/F distributionr , was that the imping- 
ing liquid jets penetrated each other. Instead of splashing or bouncing off each other, 
the impinging jets were fo»ind to cross over. Figure P-3 shows the O/F distribution 
measured across a research rocket engine using a single c’oublet injector with the oxi- 
dizer and fuel orifices oriented as shown in the top figure. The line labeled "penetrated*' 
shows the O/F distribution at optimum Rupe number. Oliserve that the side of the en- 
gine opposite the oxidizer orifice is oxygen rich and the side opposite the fuel orifice is 
fu._l rich. The O/F maldistribut-on is quite evident for the "optimum” penetrated flow 
mixing. 
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Otlier investifjalors, also working with impinging vmlike doublets, reported that under 
certain operating conditions the hvo jcU bounced off each other or "separated”. This 
separation of blow apart was attributed to chemical reactions occurring sufficiently 
rapidly at the impingement point to prevent mixing of the liquid jets. The 0/F varia- 
tion across the combustion chamber for "separated” mixing is also shown in Figure B-3 
where it can oe observed that profile is as maldistributed as the "penetrated” data but 
completely revei’sed, 

Kushida and Houseman, at JPL (Ref. 12) , formulated an analytical model to define 
the operating regions in which penetrated or separated flow would occur. The key 
element of the model was the concept of a "contact time" which they showed was 
related to the ratio D/V (diameter of injector orifice to velocity of the injector jet). 

They postulated that if two hypergoUc propellants remained in the impingement zone 
long enough to start a chemical reaction, the reaction products would cause the jets 
to blow apait or separate. If the contact time (D/V) was too small, mixing would 
occur before the chemical reaction and penetrated mixing would be observed. They 
hypothesized that either vapor phase or liquid phase reactions could cause the separation. 

Houseman (Ref. 13) later conducted the experiment with the single doublet research 
engine, discussed above, where he verified that the mixing patterns varied from pene- 
trated to separated mixing as functions of chamber pressure. He found that more 
uniform mixing than either penetrated or separated mixing could be obtained between 
these two regions. Figure B-3 also shows the 0/F profile (labeled "mixed") obtained 
in the crossover region from penetration to separation. The- gas generation due to 
chemical reaction at the impingement point was proved to be beneficial for achieving 
a more uniform mixture ratio. 

That these changes in O/F profile are significant to performance is shown in Figure B-4 
which shows that the C* efficiency rises from 93'7 for penetrated mixing to 97% at the 
mixed flow condition and then back down to 93% for separated flow, 

Kushida and Houseman had predicted that the vapor phase chemical reaction would be a 
function primarily of chamber pressure and the experiment validated their hypothesis. 
Figure B-5 shows the estimated vapor phase line for the Marquardt injector geometry 
using propellants. Operation of the injector to the left of the line would 

result in penetrated mixing. Separated mixing occurs to the right of the line. Optimum 
mixing occurs in the neighborhood of the vapor phase line. 

Some controversy "exists as to the nature and shape of the liquid phase reaction lines 
(which also cause separation!. Houseman has formulated models for two different 
liquid phase reactions, each lieing a different fimctioi. of pressure and temperature. 
Ex]^erimenial data by Breen, ct al, of Dynamic Sc iences (Ref. 14) suggests that the 
liquid [)hase reactions ai'c deix*ndeni primarily ui>on ten ncratui'e. These latter data 
art! slioun in the figui'o as dashed lines (adjusted for our injector geoP''ei.y). 
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The dia}?ram of the D V plane, therefore, descrilies the mixiii" hehavior of impinjfinp, 
doublet injector elements. The desi}?n ol'ijortive is to choose the injector D/V so as to 
operate in the optimum mixing region; i.e., on the vapor phase reaction lino defining 
tlie transition between penetrated and separated flc *. 

For the performance analysis, both Rupo number and contact time (D/V) were assumed 
to interact independently of each other as a first approximation to describing the mixed 
flow region. Figure BG shows the effect of Hupc number upon Isp. Rupe number ~ . 5 
is used as the zero reference point. 

The limited experimental data relating to the chemical reaction time for hydrazine based 
fuels with nitrogen tetroxide suggest little or no difference lietween hydrazine and MMH. 
Therefore, the contact time was assumed the same for the two fuels. Figure B7 pre- 
sents some experimentally derived data from the Shuttle thruster on the effect of contact 
time (D/V) upon specific impulse. Optimum contact time for the MMH (and therefore 
tlie N 21 I 4 ) thruster is 32 microseconds at 150 psia chamber pressure. 

Momentum Angle Effects 

Recirculation of hot combusticn gases back towards the injection zone is induced 
by tilting tlie resultant momentum angle relative to the centerline of the combustion 
chamber. Test data generally reveal an increase in both performance and injector head 
or face temperatures. The performance change resulting from tha momentum angle 
is shown in Figure B 8 . This empirically derived curve was obtained from experiments 
with a number of different tlirusters developed at Marquardt using single ring, single 
momentum injectors and having small L* chambers (short chf.mbers). It predicts that 
maximum improvement of specific impulse occurs as the momentum angle is increased 
to 15“. Thereafter, the performance improvement decreases to zero at 30® and is de- 
graded beyond. 

Rocket Perfonrmnee Calculations 


The functional relationships discusse-' previously were combined into a computer 
program which calculates the changes in specific impulse as the thruster design para- 
meters are varied. The analysis procedure accounts for variations of doublet mixing 
efficiency as the doublet Rupe number and contact time (or blowapart) parameters are 
changed. It also considers the effects of the mixture ratios in each combustion zone and 
the effects of changes in resultant momentum angle of the two propellants in each zone. 
The remaining combustion efficiency terms due primarily to secondary mixing within 
each zone and between zones were derived empirically from experimental data of 
thruster performance. This was assumed to be a function of chamber length. Finally, 
the perforrrance increment due to the film cooling z me is included using the assumption 
that the cooling zone gas temperature is a fixed value. The results of the calculations 
are presented in Section HI of this report. 
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APPENDIX C 


riLM COOLING ANALYSIS TECHNIQUE 


ITie conventional film cooling analysis was extended to include the effects of mono- 
propellant decomposition of tlie film coolant. The following sections discuss the conven- 
tional film cooling analysis tecliniques used for calculating the behavior of the liquid and 
vapor film cooling zones. In addition, an approach was formulated to estimating film 
temperatures when thermal decomposition of the coolant occurs. 

Liquid Film Cooling 

The effectiveness of liquid film cooling depends upon how far the liquid film extends 
along the chamber wall, Prediqtion of the liquid length is one objective of the analysis. 
Liquid can be lost by a number of different mechanisms; 

1, Splashing due to the method of injection, 

2, Liquid lost due to instabilities of the flowing liquid film, 

3, Evaporation of the film due to thermal influx. 

Only the liquid evaporating from the film on the wall is performing its function of cooling 
the wall. Liquid earned away before any cooling can be achieved (i.e. , Item 1) or fluid 
droplets which break away from the film before the heat of vaporization can be used to cool 
the wall (Item 2) are assumed ineffective for wall cooling. 

Injection Losses 

The film coolant is injected at 84 points around the circumference at angles of 
20 degrees and 45 degrees to the chamber wall. The coolant flow, tlierefore, has a 
component parallel to the wall which carries the coolant toward the exit nozzle and 
another component perpendicular to the wall which splashes the liquid in a circular 
pattern in all directions. As a result of this splash pattern, a portion of the coolant 
flow moves back toward the injector face. As mentioned earlier, the 45-degree 
angle was chosen specifically to cause coolant flow to reach the face and reduce the 
heat flux due to the recirculation of combustion gases. For the analysis, all coolant 
moving back toward the face was assumed to be lost for cooling the chamber and 
the nozzle. Figure C-1 shows the percentage of the injected flow lost toward the 
face as a function of impingement angle. For the 20-degree impingement angle 
streams, only 15% of the flow moves toward the injector face and 85% acts to cool 
the chamber and nozzle. For the 45-degree injection angle, 347o acts to cool the 
face. The total percentage of the liquid film from both sets of orifices which act to 
cool the chamber and nozzle is 74%. Twenly-sLx percent is used for injector head 
cooling. 
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Film bistability Losses 

The liquid film moving toward the nozzle loses liquid droplets due to waves which 
appear on the film surface. Loss of liquid from the film by entrainment in the gas in- 
creases with the thickness and flow rate of the coolant film. As the film flows along the 
chamber wall, evaporation at the liquid gas interface causes the thickness of the film to 
diminish from a maximum near the injection point to zero at the point where the film is 
completely evaporated. Therefore, the intensitj' of surface ripples decreases in the 
direction of the flow. 

If coolant which breaks away from the film surface is carried away from the liquid film 
by turbulent mixing before it evaporates, its heat of vaporization will not be effective in 
film cooling. On the other hand, if the entrained coolant is evaporated immediately ad- 
jacent to the liquid film, its heat of evaporization will contribute to film cooling. 

As experimental study of liquid entrainment and film stability in film cooling in rocket 
motors was made by Graham. His exTieriments were made with films injected tangential 
to the chamber wall. From measurements of the liquid film length and calculations of 
what the liquid film length should be in the absence of fluid entrainment. Graham cal- 
culated a stability effectivenes, 1! s, defined as follows (Ref. 15); 


s 



( 1 ) 


where W is the effective film flow rate which adheres to the wall and is the initial 
film flow rate at the point of injection. 

The stability effectiveness, ^«s, was correlated by Graham with a dimensionless parameter 
W* which is, in effect, a Reynolds number of the fluid film and is defined as follows: 

W* = ^ 

W* is a function of distance from the injection point, since the liquid flow rate is reduced 
by evaporation as the film proceeds doumstream. Graham's results, which relate the 
local stability effectiveness to the local value of W*, are showm in Figure C2. 

Graham’s caloulaLions of theoretical liquid length assumed that the heat transfer coefficient 
betw'een the core and the liquid film was the same as it would be bebveen the core and a 
smooth solid wall. Therefore, he attributed all of the difference between the theoretical 
and measured liquid length to entrainment of fluid droplets because of film instability. 
Graham's experiments were performed with rocket engines using WFNA and JP-4 at a 
chamber pressure of 500 psia and a thrust of 500 pounds. 
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Results of liquid film cooling experiments by Kinney (Hcf. l(i) with water films In air flow 
threugh ducts at temperatures from GOO'F to 2000 *F were also correlated with the 
dimensionless film parameter W*. However, Kiimey attributed the i <fference between 
measured and the'^retical liquid lengths to enhancement of the heat transfer coefficient 
between tlic core and ‘Jie film surface, possibly because of increased turbulence due to 
film instability and evaporation. Khiney assumed that there would be no loss of fluid 
by entrainment. A calculation of the liquid length using either Kinney's assumption of 
enhanced heat transfer • nd no liquid entrainment, or Graham's assumption of liquid 
entrainment and no enhancement of heat transfer, in most cases will give very closely 
the same result. In fact, Graham included Kinney’s data in his correlation cf ITs with 
W*. 

Ih mere recent work, Gater and L'Ecuyer (Ref . 17) empirically derived an entrainment 
parameter which was not nondimensional. They argue that even though their parameter 
is not a dimensionless quantity, it can be shown to be equivalent to the dimensionless 
Weber number. However, they were not able to define the characteristic cooling film 
dimension that is required to convert their parameter to a Weber number. The signi- 
ficant difference in their corielation is that the surface tension of the liquid coolant was 
the correlating parameter rather than the viscosity of liquid (i.e. , Reynolds Number) 
of the previous investigator-s. The confusing thing about thei>' report is that they show 
good agreement between their surface tension parameter and the original data from 
which the viscosity parjuneter was derived. 

Despite the disagreement on the precise parameter, all investigators agree that the film 
coolant is consumed much faster t’ .n Uiat calculated by assuming that tlie heat transfer 
to it is the same as to a rigid wall. Examination of Figure C-2 indicates that liquid lengths 
can be reduced by a factor of 2 or more due to the surface ripples and waves of tlie coolant. 

Vaporization Due to Heat Transfer 

Although both liquid entrainment and heal transfer enhancement may be occurring 
simultaneously, it is verj' difficult to separate the two factors experimentally. Based upon 
Graham's results, it can be concluded that the rate of heat transfer betw'een the core and 
the liquid film can be calculated from conventional equations for convection co efficients 
when using stability effectiveness. If the local core flow is turbulent, the heat transfer 
coefficient from the combustion gases to the liquid film coolant can be calculated using the 
Bartz equation (Ref. 16) as modified to include the more convenient reference enthalpy 
method develop3d by Welsh and Witte (Ref. 19). 
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where* h is the enthalpy of the combustion nases, A is tlie cross-sectional area, D is Uie 
diameter, and the subscript * represents the nozzle throat; r is the recovery condition 
and f indicates average properties at the interface between the core and the liquid film. 

The factor C represents a correction for the variation of viscosity and density through the- 
boundary layer and is equal to 



where T is the local static temperature cf the core, T is the stagnation temperature 
I S ug 

of the core and is the average interface temperature. 

This calculation of heat transfer the liquid film is used only for the evaporation model 
with inert coolants. For the rie composition model, the evaporation rate is evaluated 
using the laminar flame spp'’d of the decomposition flame. 

Gaseous Film Cooling 

A liquid film injected along the chamber wall will eventually evaporate due to heat 
flux from the core gas and from the wall. Downstream of the evaporation point, vapor 
exists along the wall which cen provide a thermal hairier between the core g..s and the 
chamber. 

A number of different gaseous film cooling models have been proposed and investigated. 

To date, no one model has been accepted as universally applicable. The objective of 
gaseous film cooling analysis is the reliable prediction of film recovery temperatures in 
various parts of the thrust chamber. The film recovery temperature is the driving tem- 
perature for heat transfer to the chamber v’alls. Tlie film U.-mperature also affects the 
convective h'*at transfer coefficient through its influence on the viscosity, heat capacih', 
Prandtl number, and boundary laver chiracteristics of the film. Thus, a reliable gase- 
ous film cooling model is necessary to the determination of thrust chamber temperatures. 

Gaseous film cooling models are basically of two types - those which assume no core-film 
mixing and those based upon nixL.g, Marquardt has used models based on both approaches 
and has successfully correlated o.ita in each case. The correct model depends upon the 
problem at hand. 

Model of Hatch and Pr.^eu (subsonic flow) (Ret. 20) 

Hatch ami Papell derived their model for gaseous film coolinr; making the following 
assi'.mptions, 

(a) Coolant exists a discx*et.e layer (no mixingi. 

(Ij) Temperature profile in the cool.'mt does not ch;mge rapidly. 
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(c) Temperature gradient through the coolant is small. 

(d) No heat is conducted through or along the wall. 

(e) Conditions are uniform nr-mal to the will. 

(f) The main gas stream is fully developed turbulent flow. 

(g) The gas traverses the distance X' before heat diffuses through the gas layer to 
mis'.? the wall tem[.ieratare. 

A sioq>le heat f1;’ . balance .> a slab of gaseous coolant leads to: 



h L 
(WCp)^ 


fT -T ) 
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( 5 ) 


where 

h 

=. film temi>erature 

X 

rs distance downstream 

W 

coolant flow rate 

C 

P 

a coolant heat capacity 

L 

a coolant slab width 

T 

r 

a core gas recover}’ temperature 


Integration gives 



h LX 
_S 


( 6 ) 


Using test data from engine firings using both air and helium. Hatch and Papell found 
em^tirical multipliers which, when applied to Equation 6, gave correlation. The following 
is the flnal form of their expression. 
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The factor 1/0 accoimts for the finite thermal diffusivity of the film and the effect of 
veloci^ differences between the core and the film. 

Film Decomposition 

The thermal decomposition of the coolant film will provide addtional heating, since 
Qie reaction is exothermic. The decomposition of hydrazine and MMH occurs over a 
range of vapor temperatures. Detonation is found to occur at vapor temperatures in the 
neighborhood of 500*F (hydrazine) to 700**F (MhIH) in inert atmosi^iere. At lower gas 
temperatures the decomposition reaction proceeds more slowly. 

The surface of the film coolant layer injected along Rie wall must first be brought to the 
boiling temperature, at which time rapid vaporization occurs. At 152 psi chamber pres> 
sure, this temperature is 350‘F for MMH and 395 *F for hydrazine The vapor generated 
is heated further and is ignited by the combustion flame of the core combustion zone. 

Heat released by the decomposition flame near the coolant layer is conducted bade to Oie 
liquid surface where it acts to increase the rate of evaporation. The monopropellant 
flame reaches a stable position when the velocity of the vapor appre aching the flame is 
equal to Hie laminar flame velocity for the decomposition process. In an oxidizer-rich 
combustion environuient, the hot decomposition products can mix with the oxidizer to 
produce a second flame due to the bipropellant reaction. 

Allison presents an analytic model for the monopropellant and the hybrid (monopropellant 
plus bipropellant) combustion process as well as for the bipropellant flame (without the 
monopropellant flame). He also presents experimental data on droplet combustion which 
provides good agreement with the analytical model. His analysis and the experimental 
data indicate diat it is the monopropellant reaction alone which determines the mass 
burning (evaporation) rate for large drops (where the flow field approaches that of a two 
dimensional film). His experimental data show no change in mass burning rate from zero 
oxygen mass fraction (i.e. , single flame monopropellant reaction) to 42% oxygen mass 
fraction (i.e., the two-flame hybrid reaction). He has also experimentally demonstrated 
that the mass burning rate for large drops was also independent of the ambient tempera- 
tures from 251 0*F to 4090*F. 

Other experimenters (References 21 and 22) seem to find tha. the laminar burning 
velocity for hydrazine decomposition is independent of ambient (chamber) pressure level. 
If this is so ;;nd if the mass burning rate is primarily a function of the laminar burning 
velocity, then tl.e prediction of how rapidly the film cooling layer is consumed becomes 
quite simple. The mass burning rate, M, is 

M = P 

where P is the density of the coolant vapor above the liquid surface 
is die laminar burning velocity. 

M is the weiglit flow of coolant per unit surface area ~ W/^ HL 
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The liquid Him length then becomes 

I = wn 


H = film cooling effectiveness 
D = chamber diameter. 


If the laminar burning velocitj' is known and independent of pressure, the calculation 
of mass burning rate is only a function of the coolant vapor density, which is a function 
of chamber pressure. The decomposition model for predicting the liquid lengtl leads 
to the simple result that the mass burning (or evaporation) rate is a constant at any given 
chamber pressure. Variation of the core combustion temperature or the oxidizer content 
of the core combustion gases cause no change in the mass burning rate because the mono- 
propellant flame establishes the primary heat flux to the film. 

To serve as a starting point foi the calculations, a laminar burning velocity of 117 cm/sec 
reported in References 23 and 24 was used for hydrazine. The laminar burning velocity 
for MMH was estimated by assuming the ratio between the two propellants was the same 
as measured by Allison (\^ , hydrazineA^ , MMH = 3.2), 

The decomposition temperature of the film coolant must also be estimated. For this 
analysis where the adjacent core combustion zones are usually fuel rich, the assumption 
is made that there are no bipropellant (oxidation) reactions with their attendant additional 
rise in temperature. However, the decomposition temperature of hydrazine is a variable 
and is known to be a function of the amount of anononia in the decomposition products. 
Initially, hydrazine decomposition produces large amoimts of ammonia at high tempera- 
tures. However, the ammonia begins to dissociate at these temperatures and in doing so 
absorbs heat thereby lowering the temperature of the decomposition products. Figure C-3 
shows the predicted temperature of the decomposition reaction as a function of the per- 
centage of ammonia that dissociates. A large range of decomposition temperatures could 
therefore be expected. The ammonia dissociation rate is rapid at high temperatures and 
as a result of the absorption of heat, hydrazine decomposition temperatures above 2200* F 
are a transient phenomena. 

Similar data for MMH could not be found in the literature but since ammonia is also formed 
In decomposition, a similar variation of decomposition temperatures are expected. 

To permit a preliminary evaluation of the decomposition model of film cooling, a constant 
"effective" decomposition temperature was assumed for both hydrazine and MMH. This 
avoided time consuming computations of reaction dynamics which vould involve the decom- 
position and dissociation reaction rates. An effective decomposition temperature of 1800 *F 
was assumed for hydrazine and a lower temperature of 1600*F was chosen for MMH. 
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Gns-to-Wall Heal Transfei* 

Convective heal transfer between the gaseous film and the chamber wall dt .lends, 
among other things, upon the level of turbulence in the film. If the film is turbulent through- 
out tile thrust chamber, the Bartz equation discuss^ d under liquid cooling is applicable. In 
tlie case of gaseous film-to-wall convection, the properties of tlie gas film, not the core, 
are used in the Bartz equation. 

In many cases it has been found that the flow is turbulent throughout the chamber. However, 
it is possible for regions of laminar flow to exist in critical portions of certain engines. 

For years, it has been observed that heat transfer coefficients near tlie throat of small 
thrust chambers are considerably lower than would be predicted by turbulent boundary 
layer metliods. It was believed that this was due to injector effects in the short chambers, 
but the latest evidence (Ref. 25) indicates that it is due to the existence of a laminar boundary 
layer in the vicinity of the throat. 

It is theorized that a turbulent boundary layer such as exists along the chamber walls can 
become laminar in a strong favorable (negative) pressure gradient, especially on a highly 
cooled wall. The occurrence of this phenomenon is believed to depend upon the magnitude 
of the negative pressure gradient, tlie extent of wall cooling, the surface roughness, the 
flow Reynolds number, and the degree of turbulence in the freestream. No theoretical 
laminarization criterion has yet been defined, but, as a rule of thumb, thrust chambers 
with throat RejTiolds numbers less than 200, 000 will exhibit laminar flow at the throat. 

This rule is based upon a review of available heat flux data. However, the Rejaiolds num- 
ber for the SSRCT thruster is above this number, and no benefits from the laminarization 
are expected. 

• Supersonic Flow Film Cooling 

The supersonic gas film relationship are based upon correlations by Partha- 
sarthy, "An Investigation of Turbulent Slot Injection at Mach 6", ^TAA Journal Volume 8, 
No. 7, July 1970, The correlation indicates and the test data on tfie SSRCS engine tend to 
verify that the gas film temperature increases at a slower rate as it traverses along the 
wall in the supersonic region than would be predicted by Hatch and Papell. 

• Heat Transfer Analysis 


Once the heat flux to the chamber wall is estimated by the simplified heat 
transfer procedures just described, the temperatures along the chamber and the insulating 
blanket can be calculated using the Thermal .Analyzer program. Tlie chamber, coolant 
film, gas core and the surroundings can be divided into finite elements. The thermal capac- 
itance of each element and the thermal resistance (or admittance) between adjoining elements 
are specified, and the steady state temperature distribution is found. 
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